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Abstract 


With the advent of the Space Station and the proposed Geosynchronous Operation Support Center 
(GeoShack) in the early 21st century, the need for a cost-effective, reusable : orbital transport vehicle 
has arisen. This transport vehicle will be used in conjunction with the Space Shuttle, the Space 
Station, and GeoShack. The vehicle will transfer mission crew and payloads between low earth and 
geosynchronous orbits with minimal cost. Recent technological advances in thermal protection 
systems such as those employed in the Space Shuttle have made it possible to incorporate an 
aerobrake on the transfer vehicle to further reduce transport costs. This report presents the research 
and final design configuration of the aerospace senior design team from Virginia Polytechnic Insti- 
tute and State University working in conjunction with NASA and the direction of Dr. A. 
Jakubowski. The report addresses the topic of aerobraking and focuses on the evolution of an 
Aerobraking Space Transfer Vehicle (ASTV). 
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NOMENCLATURE 


ASTV 

Aerobraking Space Transfer Vehicle 

GEO 

Geosynchronous Earth Orbit 

GN&C 

Guidance, Navigation and Control 

LEO 

Low Earth Orbit 

MLI 

Multilayer Insulation 

OTV 

Orbital Transfer Vehicle 

RCS 

Reaction Control System 

SS 

Space Station 

TDRSS 

Tracking Data Relay Satellite System 

TPS 

Thermal Protection System 
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1. INTRODUCTION 


1.1 FOUNDA TIONS OF THE ASTV 


1.1.1 PROJECT BACKGROUND 

In 1986, several ambitious projects were submitted by the U.S. National Commission on Space 
as a recommendation to the White House for the next 50 years. One of these endeavors involved 
stationing a Geosynchronous Operations Support Center at GEO for the purpose of servicing high 
value space structures at this orbit. This center would also serve as a base to support a crew for 
missions lasting a few days each. The crew and the payload would be delivered to GEO from LEO 
by an Aerobraking Space Transfer Vehicle based at the Space Station. 

The 1990 senior class in the Aerospace and Ocean Engineering Department at Virginia Polytechnic 
Institute and State University engaged in the design of such a cost efficient, manned/unmanned 
transfer vehicle that would support GeoShack. 


1.1.2 RATIONALE FOR A SPACE BASED AEROBRAKING SYSTEM 


The concept for the ASTV evolves from the idea of using a space-based transportation system 
The primary benefit of space-basing the vehicle is that it allows reuse of the upper stage thus 
avoiding repeated expenditures with each trip. In addition, the structure can be of a hghter design 
since the ei!rth launch acceleration will not be a factor. Another benefit of space-basing is that ex- 
pended stages do not become orbital debris. 

To minimize costs in delivering a payload to geosynchronous orbit 1 he A^TV design uses atmo- 
spheric drag of an aerobrake to slow the vehicle to the required LEO orbital velocity on its return 
kg from the higher energy orbit. This leads to an overall reduction of required propulsive AV. 
To justify the use of an aerobrake, several criteria were met in the design: 


• The aerobrake must be able to protect the vehicle from atmospheric heating. 

• The vehicle structure must be able to withstand the thermal loadings and the aerodynamic 
forces during the aeropass. 

• The mass of the aerobrake must not exceed the mass of the fuel which would be saved by the 
aerobraking procedure. 
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1.2 DESIGN CRITERIA 

A list of objectives was established as a guide throughout the ASTV design process. Several major 
design criteria of the ASTV include: 

1. Minimize mission costs 

2. Offer dependability and safety 


3. Maximize flexibility 

The ASTV is designed to save money. The vehicle is reusable, requires less propellant compared 
to expendable earth-launched vehicles, uses a fuel efficient engine, and incorporates a light but 
strong frame. These are only a few of several ways that mission costs will be reduced. 

As with all high speed vehicles, there is always a possibility of catastrophic failure. The factor of 
safety is criticSfor a manned ASTV, and the design of the vehicle must therefore anticipate any 
worst case scenarios such as engine failure, power failure, or even a solar flare (m which a large 
factor of safety in the radiation shielding proves to be crucial to the safety of the crew). 

The ASTV is also designed with maximum flexibility in the range of mission variations it can 
conduct. The vehicle meets and surpasses the following mission requirements: 


1 . 


Mission 1: Deliver 6,000 lbm round trip between the Space Station and GeoShack 


2. Mission 2: Deliver 20,000 lbm to GeoShack and return empty 

3. Mission 3: Deliver 28,000 lbm to GeoShack and dispose vehicle into a higher orbit 


Furthermore, the configuration is designed to easily accommodate payloads consisting of cargo, a 
ma- rimum crew of three, or a combination of cargo and crew. 


In addition to delivering payloads to GEO, the vehicle can be used to retrieve satellites for main- 
tenance at the GeoShack or Space Station. These types of missions would require several mod i- 
cations, one being the installation of a remote manipulator arm. 


1.3 MAJOR MISSION ASSUMPTIONS 

For the purpose of this project it was assumed that GeoShack will be ready for depl^ent to GEO 
circa 2020, and that the Space Station will be fully operational m LEO to support the AS 
missions. Additional assumptions include. 

• hangar space provided at SS to shield ASTV from radiation and debris 

• airlock system provided at SS and at GeoShack 

• propellant, maintenance, and replenishments supplied by SS 

• remote manipulator arms at SS and at GeoShack to load and unload mission modules 

Furthermore the next few decades will see advancements primarily in the areas of 
mmS^mpisL and engine design. All materials for the ASTV will be sd^ed fern ^urren 
inventories- however, these materials have not been proven or tested in space. The enpnes for th 
ASTV have been designed with slightly higher specifications to account for future technology un- 

provements. 
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1.4 MISSION SCENARIOS 


The typical mission of the ASTV is to deliver a payload, possibly including a "J™” 
three from LEO to GEO. Figure 1 on page 4 illustrates the overall mrssion profile The baseline 
Son consists of four phares: traveling from LEO to GEO unloadmg and retunnng to the 
Earth's atmosphere, making the aeropass, and finally docking at the Space Station. 



The mission originates at the Space Station which is based in a low earth orbit (200 miles). The 
Space Station provides the propellant and other necessities to fulfill the mission requirement. At 
STwtaEti he aerobrake can bfremoved from the vehicle if the mission is to deliver r a payload to 
GEcTwith no return trip, thereby avoiding loss of the aerobrake. Once the cargo and/or crew has 
to the ASTV from the Space Station or the Space Start* . t^ASTV — «s 
from the Space Station, and slowly progresses to a safe distance to fire i its mam gm 
jectory of the vehicle is a Hohmann transfer which places the vehicle at GEO. 
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Upon reaching GEO, the ASTV fires its main engines to circularize and change orbital planes at 
tins orbit. The ASTV can then deploy the cargo if required, or it can rendezvous a *^eoShack t 
unload and conduct extravehicular activities. Having fulfilled its mission at this orbit, the AS 
is either disposed into a higher orbit, or it returns back to the earth s upper atmosphere. 

The aerobraking phase of the mission begins when the ASTV reaches an altitude of approximately 
4TO.000 ft, ^ continues through to a pSgee of approximately 277,000 ft. By usmg almosph^c 
drag the ASTV is able to decelerate significantly so that upon exiting the atmosphere, the vehi 
will be on a trajectory having an apogee of 350 miles. During this aeropass ^ 
shields the vehicle from excessive thermal heatmg, but also provides some lift, enabling the vehicle 

to make a small plane change. 

After leaving the atmosphere, the vehicle's exit velocity carries it to an apogee at the phasing orbit 
altitude. Once any orbital corrections have been made at the phasing altitude, the vehicle pro 
to LEO. Rendezvous and docking with the Space Station concludes the mission. 

1.5 EVOLUTION OF THE ASTV CONFIGURATION 

Usine the requirements and primary goals as a guide in the design process, the ASTV's configuia- 
tion fvolvedrrji many change to its final form. The justifications for the arrival at this con- 

figuration will now be discussed. 


1.5.1 AEROBRAKE SELECTION 


The first major task involved the selection of an aerobrake and its shape. The two candidates were 
a rtjd ae” tote and a ballute aerobrake. The advantages and advantages are compared m 
Table 1 . Based on this comparison a rigid aerobrake was selected. 


Table L Comparison of Aerobrakes 



Characteristics 

Rigid 

Aerobrake 

Ballute 

Aerobrake 

Simplicity 

+ 

+ 

Weight 

i 


Potential to be a Lifting Body 

T 

i 


Durability 

Need for an Inflation System 

T 

— 

Added Rigidity to Vehicle 

4* 


Reliability 

I - 



This rigid aerobrake has a raked cone shape. There were several reasons for selecting this type of 
aerobrake: 

NASA has considered the raked cone aerobrake in some of its preliminary designs for an 
aerobraking space transfer vehicle. NASA has conducted wind tunnel tests of the aerobrake, 
and als^lln? to conduct an actual flight test of a vehicle utilizing the raked-cone aerobrake. 
This will provide valuable data on the performance of this type of aerobrake. 

The unsymmetrical shape of the aerobrake gives it increased stability compared to a sphencal 
aelobrake^The spherical aerobrake has no preferred tnm angle of attack, 1S ^fore 
neutrally stable. Conversely, the raked cone aerobrake seeks a given trim angle of attack and 
is stable about that point. Such stability is desirable at the high velocities at wluch the 
aerobrake will enter thTatmosphere. Sudden fluctuations in atmosphenc density will therefore 

not cause loss of control. 


1 . 


2 . 
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3. This shape has a moderate lift-to-drag ratio which allows the vehicle to perform a greater rang 

of flight maneuvers. One of these would be a plane change maneuver. Doing this maneu 
within the atmosphere lowers overall mission propellant requirements. 


1.5.2 VEHICLE LAYOUT 


Having selected a rigid aerobrake, the vehicle's overall layout was chosen, 
placement and alignment of the engjne(s), mission module, and propellant 
urations were analyzed, and these are shown in Figure 2 on page 7. 


The layout includes 
tanks. Eight config- 


Engine position was restricted to four locations: 

• top mounted for firing opposite the aerobrake, and directly attached to the aerobrake structure; 
requires two engines for stability 

• rear mounted for firing similar to the top mounted engines except they are centrally located 
behind the cargo modules 

• bottom mounted for firing through the aerobrake, and located between the aerobrake and the 
cargo module 


• side mounted for firing parallel to the plane of the aerobrake 

The mission module alignment was allowed to be either longitudinal or transverse. For lonptudinal 
ahwT the axis of the cylindrical module is parallel to the thrust vector except for the case of 
eiSnes where the axis is parallel to the line joining the two engines. For transverse 
alignment, the c^hider axis is perpendicular to the thrust vector, or, in the case of the top mounted 
engines, perpendicular to the line joining the two engines. 


JUDGING CRITERIA 


The previous configurations were judged based upon the following. 

1. CG location (during thrusting and aerobraking) 

2. Ease of cargo module loading 

3. Ease of docking 

4. Flexibility to handle combinations of crew or cargo module 

5. Size and complexity of structure 

6. Possibility of engine failure 
CG LOCATION 

Center of gravity location is an important factor for choosing the ASTV configuration. It affects 
the spacecraft's maneuverability, stability and structural stresses. 


Propellant initially makes up the majority of the spacecraft s mass. Thus, the CG 
controlled by the position of the fuel tanks. During thrusting maneuvers, stability ^ will I be : erdianced 
if the engines are located near the CG. The bottom-engine configurations share 
the rear-engine and side-engine configurations do not. During the aerobraking phase s y 
comes evenmore important, and the CG should be located reasonably close to the aerobrake. The 
rear-eneine configurations and the bottom-engine/longitudinal configuration will have their 
located^slightly farther from the aerobrake than the other configurations, and thus will have 
greater tendency to become unstable. 
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EASE OF CARGO MODULE LOADING 

The ASTV must be capable of accepting and transporting various sized mission modules. These 
modules must be easy to attach and remove. If astronauts perform this job, then Jhe difficulties 
of working in the space environment must be considered. If robots perform the task, then the 
limitation^ of these machines will have to be considered. Thus, ease of installation and removal is 
essential in both cases. 

Only the two configurations having rear mounted engines pose loading difficulties, bi these two 
configurations, the structure connecting the engine and aerobrake restricts movement of the mod- 
ules Sring loading. The module would have to be loaded from the side, and care would have to 
be taken so as not to strike the engine supporting structure. 

In all other configurations, the modules can be loaded either from the side or from the top. The 
structures of these configurations are not protruding, and thus do not hinder the installation of t 

modules. 

EASE OF DOCKING 

The ASTV must be able to dock with both the Space Station and GeoShack via a standard Space 
Station docking interface. Thus, a strategically positioned ASTV docking port simplifies the task 
of docking and minimizes the amount of docking space used. 

The bottom-engine/transverse configuration and both the top and side-engine configurationshave 
relatively low profiles. The docking port would be positioned on the cargo module opposite the 
aerobrake The ASTV could then be easily maneuvered and attached to the docking interface. 
The disadvantage of this set-up is that the aerobrake takes up a relatively large amount of docking 

space. 

It is also possible to have the docking port positioned on one of the flat sides of the cargo module 
if the docking interfaces on the Space Station/GeoShack are long enough. All transverse ; config- 
urations would support this set up, as well as the side-engine/longitudinal configuration With sue 
a set up, the ASTV could be rotated about the docking port to an optimum docking position. 

The rear-eneine /longitudinal configuration does not allow the ASTV to dock as a complete craft, 
sZl Se“7a™ce, the Space Suton/OeoShack docking mierfacea are long enough 

to extend over the aerobrake to the cargo module. 

FLEXIBILITY TO HANDLE DIFFERENT COMPONENTS 

The ability to add cargo modules, crew modules, or a combination of the two to fulfill the mission 
requirement should be weighed heavily when comparing configurations^ 

nroblems occur due to engine placement. In configurations 7 and 8, the bottom placement oi me 
engine frees the top half for easy shifting of the modules. In configurations 7 and 4 the engine thrust 
veS!r molule axis, thereby freeing the chore of balancing the center 

of gravity. 

SIZE AND COMPLEXITY OF STRUCTURE 

Having a simple yet sturdy structure helps decrease the empty mass of the ASTV. A simple 
Se accosts less to build and can be repaired more easily. The rear-engine and bottom- 
engine configurations have increased structural complexity due to positioning of the engm . 

The structure for the rear-engine configurations must be designed to transferee thrusting force 
will therefore tend to be bulky and complex. 

The structural complexity of the bottom-engine configurations is increased because ^ aerobrake 
must have a panel which can be opened and closed. Actuators must open the panel dimng 
thrusting maneuvers to allow the engine to fire, and close it dunng reentry 

engine nozzles. Such an aerobrake would not be as structurally reliable as £ solid aerobrake. It m y 
have^ fatal consequences in the event of a leak in the seal of these engine doors. 


1. INTRODUCTION 


8 



POSSIBILITY OF ENGINE FAILURE 

There is always a possibility that a rocket engine will fail. Even though having two engines doubles 
the probability that an engine may fail, having two smaller engines as opposed to one larger engine 
is still beneficial. If one engine fails, then the other would still be able to transport the crew back 

to safety. 

The bottom-engine configuration would most likely be linuted to one engine in order to reduce the 
size of the panel which must be opened and closed. The side-engme/transverse configuration wo 
probably also be limited to a single engine. The propellant tanks positions do not ^^ two e - 
ones to be placed side by side. The option of stacking two engines is also eliminated because the 
^VenSie would not be well protend by the aerobrake. All other configurations could have 

two engines. 

The only configurations which actually require two engines are the top-engine c°nfi^ations as 
shown in Figure 2 on page 7. The benefit of engine redundancy is lost in these cases because the 
craft is uncontrollable in an engine out scenario. 

CONCLUSION ON LAYOUT 

The rear-engine configurations had the most disadvantages relative to the others^ Both re^-en^ne 
configurations were at a disadvantage when it came to ease of cargo module loading, CG loc , 
and smictural complexity. In addition, the rear-engine/longitudinal configuration did not support 
easy docking. The bottom-engine configurations had problems with component accessibility an 
structural complexity. Finally, the top and side-engine configurations did well m all but one cate- 
goT The °op engme configurations had problems with engine failure, while the side-engine con- 
figurations had slightly worse CG locations. 

Based on these judgements, the side-engine configurations appears to offer the most advantages. 
A summary of these comparisons is presented in Table 2. 


Table 2. Comparison of Configurations 


Judging Criteria 


C.G. Locations: Thrusting 
Aerobraking 

Ease of Cargo Module Loading 

Ease of Docking 

Flexibility 

Size/Complexity of Structure 
Accommodation of Two Engines 


Configurations: 


+ 

+ 


7 

+ 


— + 

— + 


8 

+ 


+ 

+ 


( + ) favorable 
(— ) unfavorable 
( } no benefits 


1.5.3 PRELIMINARY CONFIGURATION 

After selecting a general layout, the next task involved creating several preliminary proposals to base 
the final configuration on. These proposals were created based on four cntena. 

1. Side-firing double engine configuration 

2. Minimal cross-sectional area from the top view to reduce the size of the aerobrake, thereby 
reducing the overall vehicle weight and mission cost. 
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3 Relatively simple superstructure interconnecting the cargo module, crew module, fuel tanks, 
ensdnes and aerobrake. This allows the aerobrake to be detached for the expendable mission 
andthe’ cargo or crew modules to be shifted to obtain a favorable center of gravity position for 

the aeropass. 

4 Individual components such as propellant tanks, cargo module, and crew module _ must t be size 
Suited for the initial delivery to LEO using current volumetnc launch capabilities (15 ft dia. 

x 60 ft). 

Four different configurations were created. These are discussed next. 

TORROIDAL AND ELLIPTICAL TANK CONFIGURATIONS 

The torroidal design utilized a symmetric aerobrake with a radius of approximately 42 ft. One ox- 
3in tank was plaSd in front of the mission module and two hydrogen tanks were placed on either 
side of the mission module. These tanks were torroidal in shape in order to conform to the edges 
of the aerobrake. It was necessary to split the tanks along the plane of symmetry and stretch them 
out to accommodate the required amount of propellant. 

The elliotical design utilized a symmetric aerobrake with a diameter of 44 ft. Two hydrogen tanks 
and twooxygen tanks were placed on either side of the mission module, with the oxygen tank above 
riSkThe shape of these tanks was selected by making the total tank height equal 
to oflKUo,. module. The .auks would mu .he length ol F the , rn.ss.ou 
module, with die widths of each tank being equal to give diem then elliptical cross-sections. 

A disadvantage of the torroidal and elliptical designs was that the manufacturing costs of the tanks 
Sotdd exceS . heists for convendonal tanks. The tanks woukf also reqtnre a grate, 

SelfSmpaJed to spherical cyhndrical ttudts. Furthermore die jremt t desig ' 
complicated and would require more trusses than a conventional shape. For these reasons botn 
of these configurations were discarded. 

CYLINDRICAL TANK CONFIGURATION 

This design utilized a raked cone aerobrake with a length of 45 It and width of 34 ft Four 
2LTIL tanks were used. The oxygen tanks were placed m front of die tnusston 
Snhde and were Stcked one above the other. Two hydrogen tanks were placed on ° f 

themission module and were also stacked one above the other. These tanks ran the length ol the 

mission module. 

DISPOSABLE TANK CONFIGURATION 

the tanks allows a minimal wall thickness to be used, again saving weight, 
in the vehicle shielded by the aerobrake. 

configuration for the final ASTV design configuration 
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DISPOSABLE TANK CONFIGURATION VS. REUSABLE TANK CONFIGURATION 


Estimated cost of delivery from Earth to LEO. 


Present day (approx) 
Projected for 2010 


$5,000 per lb 
$1,000 per lb 


Comparison: 

Configurations 

Reusable Tanks 
Disposable Tanks 


Empty Weight Required Fuel (Mission 2) 


17,160 lbs 
11,860 lbs 

Difference in propellant = 


76,930 lbs 
63,083 lbs 

13,847 lbs 


Savings in using the disposable tank configuration. 

1) Initial savings of delivering to LEO: 

17,160 - 11,860 = 5,300 lbs 
-Present day 
-Projected 


$26,500,000 

$5,300,000 


2) Savings per mission: 

-Present day 
-Projected 

Total Life Savings (delivery to LEO plus 30 trip duration): 

-Present day 
-Projected 


$69,235,000 

$13,847,000 


$2,103,550,000 

$420,710,000 


Costs: . . 

Two hydrogen tanks per mission 
Two oxygen tanks per mission 


life ASTV is approximately $96,000,000. 


Savings: 

Costs 

Total 


Present day 
$2,103,550,000 
- $96,000,000 
+ $2,007,450,000 


Projected 
$420,710,000 
- $96,000,000 
+ $324,710,000 


Results: 

then attached tortte vehicle when needed. These factors .usttfied the use of the 
disposable tank configuration. 

Another configuration derived from this disposable tank configuration was also studied TJ“ 
tanks. 
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VEHICLE SPECIFICATIONS 


ITEMS 



Crew size 
Cargo capacity 
trip LEO to GEO 

Transfer duration 

Max. crew of 9 (3 per crew module) 

6.000 lbm round 

20.000 lbm to GEO and return empty 

28.000 lbm to GEO and discard 
Flight time only- 14 hrs 39 min. 


Main propulsion: 
Number of engines 
Engine type 
Isp 

Design thrust 
Mixture ratio 

Two 

Liquid oxygen/liquid hydrogen 
498 sec 

15,000 lbf per engine 
6:1 L0 2 /LH 2 


Aerobrake: 

Geometry 

Dimensions 

L/D 

Raked cone with a skirt 

37.0 ft x 30.2 ft x 5.3 ft deep (max) 

.230 


Thermal protection 
System 

Multilayer insulation 


TPS material 

Nextel Fibers, 

Stainless Steel foil radiation shielding 


Structural 

Material 

HT graphite/epoxy composite material 


Reaction control System 

Four main clusters: 

34 60 lbf and 16 10 lbf thrust engines 


Power system 

Three 4 kW LH 2 /L0 2 fuel cells 


Masses: 

Total dry mass 
(with RCS propellant) 
Max total propellant 
Max initial vehicle mass 

Mission 1 Mission 2 

17,860 lbm 31,860 lbm 

50,450 lbm 62,960 lbm 

68,310 lbm 94,820 lbm 

Mission 3 

39,860 lbm 
59,056 lbm 
98,916 lbm 

CG locations (ft): 
Initial 

After 1st bum 
At Geo Shack 
Prior to aeropass 

Mission 1 Mission2 

x = 15.330 x = 15.130 

z = 10.620 z = 9.800 

x = 15.720 x = 15.300 

z = 8.520 z = 7.680 

x = 16.330 x = 17.060 

z = 5.258 z = 5.308 

x = 17.010 x = 18.630 

z = 1.640 z — -0.220 

Mission 3 
x = 14.80 
z = 9.670 

x = 14.800 
z = 7.730 

x = 17.880 
z = 0.593 
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VEHICLE MASS BREAKDOWN 


Components 

Mass, lbm 

Aerobrake System: 
-TPS 

-Backing support (Al) 
-Ribbing (Al) 

600 

1,400 

1,250 

Truss System: 

-includes engine mounts, 

1,866 

tank disposal mechanism 
Rails (crew/cargo supports) 

1,132 

Propellant Tanks and Insulation 
-includes four disposable 

1,352 

and ten reusable tanks 


Main Engines (two) 

740 

RCS System: 

-includes thirty-four 60 lbf 
and sixteen 10 lbf thrusters 

1,320 

Propellant Handling System: 

-includes pumps and propellant lines 

700 

Power Systems: 

-includes batteries, guidance, 

1,500 

communication, and computer 
hardwares 


Total Empty Weight 

11,860 
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2. FLIGHT DYNAMICS 

2.1 ORBITAL MECHANICS 


2 . 1.1 minimizing total av requirements 
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to reach GEO. The Ihjrd scenario mvo ves , he va]uc of R (the intermediate orbit radius) 

TsTot hx2 RgSre 9 fhowJ how Ae required 4V changes by varying R for each of the three see- 
narios. 
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From this diagram, the AV requirement is minimized when the second scenario is used and the 
value of R is made equal to the altitude at GEO. This two-impulse transfer is referred to as a 
Hohmann Transfer. The first impulse is applied at LEO and takes the vehicle to GEO altitude, 
where a single impulse is applied which changes the orbital plane and circularizes the orbit at GEO. 

The AV required for the transfer from GEO to LEO is similarly minimized. Any necessary plane 
changes are made at GEO and are combined into a single bum which includes the de-orbiting boost 
to bring the vehicle within the Earth's atmosphere with the plane change. A low L/D aerobrake 
is unable to make large plane changes within the Earth's atmosphere. Therefore, much of the or- 
bital plane change must be made before entering the atmosphere. Of the 28.5 plane change re- 
quired, 2.2° will be made within the atmosphere, while 26.3° will be made at GEO as descnbed 
above. 


2.1.2 AV REQUIREMENTS 

The transfer from LEO to GEO is accomplished by a Hohmann Transfer which includes an orbital 
plane change at GEO. The first impulse is applied at LEO and takes the vehicle along a Hohmann 
transfer ellipse to GEO. Figure 10 shows the first impulse, AVI, and the transfer ellipse. 



Figure 10. LEO to GEO Transfer 


The magnitude of the first impulse is 7,938.0 ft/sec. The second impulse, AV2 on Figure 10, 
combines the plane change and GEO circularization bum. It has a magnitude of 6,000.2 ft/sec. 
Therefore, the transfer from LEO to GEO has a total AV requirement of 13,938.2 ft/sec. 

Once the operations at GEO are completed, the vehicle will either be discarded (according to 
Mission 3) or return to LEO (according to Missions 1 & 2). The AV required to complete Mission 
3 will be discussed first. The vehicle will be placed at an altitude 100.0 miles above the GEO orbit. 
This is done with a two-impulse transfer, shown in Figure 1 1 on page 20. 


2. FLIGHT DYNAMICS 


19 




MM r a^; 

higher altitude. The total AV required to discard the vehicle is 19.2 ft/sec. 

on j * ’ i + 0 f r* RtR 2 ft /sec The atmospheric pass slows the vehicle to a speed 

atmosphere a plane change of 2.2 1 • vehicle exits the atmosphere, it continues 

-* *»■*■ * " tion 

bum of 448.0 ft/sec is made (AV2 of Figure 13 on page 21). 
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The phasing orbit allows the vehicle to make any necessary corrections and adjustments after the 
atmospheric pass, before arriving at the Space Station. Once corrections have been made, a burn 
is made which takes the vehicle along a Hohmann transfer ellipse to LEO. The first bum, AVI of 
Figure 14, has a magnitude of 221 .0 ft/sec. The bum to circularize at LEO, AV2 of Figure 14, has 
a magnitude of 222.9 ft/sec. The sum of the individual impulses required to take the vehicle from 
GEO to LEO is 6,786.1 ft/sec. 



I Figure 14. Transfer From Phasing Orbit to LEO I 

The total required AV for Missions 1 and 2 is found to be 20,724.3 ft/sec; for Mission 3, the total 
required AV is 13,957.4 ft/sec. An analysis of the time required to complete each portion of the 
transfer is supplied in Appendix A. 


2.1.3 PROPELLANT REQUIREMENTS 

PROPELLANT SELECTION 

The propellant for both the main engines and the RCS engines will be liquid hydrogen/liquid ox- 
ygen. This fuel was chosen due to its proven performance in the space shuttle and its ability to 
attain high specific impulse. The propellant will be stored in a total of 14 tanks. Each component 
will utilize two large disposable-rated tanks and five small reusable-rated tanks. Section 4.5 de- 
scribes the propellant tank characteristics in depth. 


PROPELLANT REQUIREMENTS PER MISSION 

The propellant requirements were calculated using an exponential relationship computing mass of 
propellant as a function of empty craft mass, Isp, and required AV. 
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In section 2.1.2, the individual missions were broken into key AV maneuvers. The ASTV main 
engine utilizes the bi-propellant fuel in a mass ratio of 6 to 1 (oxygen to hydrogen). This allows 
the engine to attain the desired specific impulse of 498 seconds. The empty craft mass of 1 1,860 Ibm, 
also necessary for the calculation, includes: 

1 . Aerobrake 

2. Supporting structures 

3. Support systems 

4. (Empty) propellant tanks 

5. 2 main engines 

6. RCS system (see Chapter 5.) 

7. Plumbing and electronics 

8. All guidance and navigation. 

In addition, a reserve propellant supply was calculated. This includes sufficient propellant to per- 
form the final two main engine bums in the event of either a main tank failure or the expenditure 
of additional propellant in an emergency return. 
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Table 3. Propellant Mass per Mission Phase 


MiMtoa 

1 

LKm5ET 

39638 

8798 

530 

502 


983 

2 

55451 

5843 1 

357 1 

357 


983 

3 

58055 


_ a _ • — tv 


15 

983 


All amounts in lbm. 


The results of the calculations are given in Figure 15 on page 23 and Table 3. 

For the given Isp, empty craft mass, and velocity changes required to complete the individual 
missions, it was found that Mission 2 (20,000 lbm payload from LEO to GEO and an empty re- 
turn) required the maximum amount of fuel, and would therefore be considered the design limit lor 

propellant management. 

Table 4. Oxygen and Hydrogen Breakdown per Mission 


Mbttoo 1 

ToUlFttd | Oxygen 


1 

50449 

43242 

7207 

2 

62960 

53965 

8994 

3 

59056 

50619 

8437 

AD Amounts 

ntbm. 


Table 4 lists the hydrogen and oxygen mass required for each mission. For Mission 2, 53,966 lbm 
of oxygen and 8,994 lbm of hydrogen are required. These fuel estimates do not include the KL.i> 
requirement. The RCS engines require approximately 581 lbm of fuel for the design scenario. This 
requirement is discussed in greater depth in the RCS section. 


2.1.4 AEROBRAKING VS. ALL-PROPULSIVE TRANSFER 

When de signin g a vehicle which uses an aerobrake to decrease its velocity, it is important that the 
mass of the aerobrake and supporting structure is less than the savings in propellant mass compared 
to an all-propulsive transfer. Table 5 on page 25 shows the results from the companson between 
an aerobraking transfer and an all-propulsive transfer. 
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Table 5. Aerobraking vs. All-Propulsive Transfer 

Aerobraking 

All- Propulsive 


Transfer 

Transfer 

AV Required (ft/s) 

20,724.3 

27,876.5 

12,618.1 

Mass of Vehicle (lbm) 

17,8oU.l 

(including 6,000 lbm cargo) 
Propellant Mass (lbm) 

49,872.1 

62,752.3 


Since 55 1 14.1 lbm, the total mass of the aerobrake and propellant for aerobraking transfer, is less 
than 62,752.3 lbm, the total mass of propellant for an all-propulsive transfer, the aerobraking ve- 
hicle is more efficient than the all-propulsive vehicle. 


2.2 AEROBRAKING MANEUVERS 


2.2.1 AEROBRAKING PHASE 

Initial design uncertainties for the ASTV physical characteristics (i.e weight, size, sha^, ^c..) led 
to the incorporation of Chapman's universal entry theory into planetary atmospheres. This par 
ticular entry analysis was not exact due to certain assumptions (mentioned later); however, solutio 
of this theory (Runge-Kutta-Nystrom Numerical Method) did provide estimates for a wide range 
of pertinent piameters associated with the ASTV design process These parameters were inde- 
pendent of vehicle characteristics. Thus, the generated values could be applied to any vehicle de- 
sign, in particular, to any aerobrake design. 

Using the values obtained from orbital mechanics for the entry conditions ( s P e ^- ^ de, ] J g ^‘ 
path angle), the dimensionless method of Chapman was incorporated to Provide thebestlffi-to- 
drae (L/D) ratio for these inputs, the 'best' L/D being one that brought the peak atmospheric 
deceleration below the maximum load factor of 4 g's. This load factor results from a stress analysis 
of key vehicle components which focuses on eliminating unnecessary weight w^out detracting 
from component performance. Results indicate that a L/D = 0 23 yields a maximum 
deceleration of 3.72 g's in the atmosphere, well within the limits of human tolerance and the desire 
load factor Care has also been taken to maintain an aeropass that does not mvolve slapping in 
order to avoid any detrimental effects that might occur, such as inducing undue stress and vibration 
on the ASTV structure and possible interference with maneuvering effectiveness. 

Drawbacks to the Chapman entry analysis are inherent to its various assumptions, shown in the 
following list: 












Planar Entry 

Neither strictly isothermal nor exponential atmosphere used; assumed mean value of /?r (scale 
height x radial distance) for Earth atmosphere model 


Velocity restricted to monotonically decreasing 

For a given time increment (dt), the change in radial distance (dr) is ne^kwmpared to the 

corresponding change in the horizontal velocity component (dV): |dV/V| > |dr/r| 


For a lifting vehicle, the horizontal component of lift is negligible compared to the drag com' 
ponent in the same direction, for small 4 > 


• L/D is constant 
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• Flow in the region between the bow shock and vehicle surface is primarily laminar 

• Total heat absorbed is predominantly a result of convective heating 


• Sensible atmosphere begins at an altitude of 400,000 ft 

mWmWBBM 


V(entry) = 33,818.2878 ft/s 
h(entry) = 400,000 ft 
<j> (entry) = *4.0° 

The results for these conditions are as follows: 


V(exit) = 26,127.713 ft/s 
L/D = 0.230 
W/(CdxA) = 15.40 psf 


• Maximum g's = 3.720 

• Total heat absorbed = 2.60x10“ 6 Btu 

• Maximum rate of heat transfer = 53.07 Btu/(sec-ft 2 ) 

• Maximum dynamic pressure = 55.75 psf 


• Total aerobraking time = 200 sec 

^oJSp^SSg a^sho 6 ^ 

parameters are greater for Mission 1, prun y rhaoman's theory are too lengthy to be 

and equations incorporated in i the : aero >bi r g program values obtained were correct 
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Mission #1: Mre»1B911 lb. 
Mission #2; Mre=l2626 lb. 


Chapman (RunBe-Kutta-Nyatrom Mothod) 

Figure 18. Total Heat Absorbed . 



Mleelon #1: Mre=l8011 lb. 
Mission #2; Mre-12626 lb. 


Chapman<Runo*-KirtU-Ny«ifom MathodJ 

Figure 19. Dynamic Pressure . 
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2.2.2 AEROBRAKE REQUIREMENTS 

This section describes the desired characteristics for the final design of the aerobrake. Although 
many factors must be weighed in designing an aerobrake, the following list constitutes the primary 
requirements for the final brake design. Further discussion on the design choice of the raked cone, 
its geometry and benefits, will be expanded on later. 

1. aerobrake shape minimizing surface temperatures and heating rates (which also allows for 
cheapest and lightest method for dissipation of heat absorbed— radiative cooling); 

2. low ballistic coefficient; 

3. comprised of separate parts (easy to replace, manufacture); 

4. packageability (simple storage of primary divisions for transfer to space); 

5. lifting shape (to provide maneuverability in atmosphere); 

6. ease of assembly and disassembly - both of the aerobrake itself and of the aerobrake to the 
vehicle structure (aerobrake will be detached for disposable mission); 

7. resistance to space environment: cosmic particle radiation, meteoroid impact, etc... 

Because the aerobrake’s value rests mainly on its ability to reduce fuel requirements, numerous 
studies have been made concerning the optimum mass for such a shield. Conservative results in- 
dicate that adequate fuel savings would occur with an aerobrake mass no greater than 40% of the 
ASTV entry mass (Ref. Schleinitz and Lo). 

Thus, using previous results for total propellant mass, empty ship mass, and cargo mass for the 
worst case scenario: 

total propellant + empty ship + cargo = reentry = 18,911 lb. 
mass at reentry mass mass mass 

max. allowable aerobrake mass = .40x18911 = 7,564.401b. 

Thus, the aerobrake should not exceed the above value in order to provide worthwhile savings in 
fuel. 


2.2.3 AEROBRAKE ANALYSIS 

For this analysis the aerobrake surface is decomposed into 1710 triangular shaped panels as shown 
in Figure 20 on page 30. 

For each panel, the area and normal direction are found by taking the cross product of V 1 and V2. 
The angle between the free stream velocity and the normal to each panel is found by taking the 
arctangent of the ratio of the cross product to the dot product of these vectors. Using tins angle, 
the inclination of each panel with respect to the free stream direction is calculated. Smce the ASTV 
enters the atmosphere at hypersonic speeds, Newtonian theory can be incorporated. The flow m 
the aft shock region may be assumed to be approximately parallel to the aerobrake surface due to 
the compression of the bow shock. This theory states that Cp = Cpmaxxsin 2 0, where 6 is the 
panel inclination with respect to the free stream direction. Using Newtonian theory, Cp can be 
found for each panel, which in turn yields the Cp distribution for the entire aerobrake. From this 
distribution the lift and drag forces on each panel can be found. These forces are then summed for 
the entire aerobrake to give the total lift and drag. The lift and drag coefficients may be determined 
by incorporating the aerobrake planform area and maximum dynamic pressure, q (Chapman Re- 
sults). This value of q gives lift and drag forces on the ASTV for the worst case scenario. Results 
from this analysis are as follows: 
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2.2.4 AERODYNAMIC FORCE CALCULATIONS 

The beginning of any stability analysis involves calculating the aerodynamic forces acting °n the 
vehicle. From these one can directly obtain lift, drag, and moment coefficients. Using the method 
of small perturbations one can also obtain stability derivatives. 

METHOD 

Modified Newtonian theory was selected to calculate aerodynamic forces acting on the ASTV. This 
theory gives reasonable results for the pressure distribution over an inclined surface at hypersonic 
Mach numbers. Freestream Mach numbers during the aerobraking pass range from 34.5 to 26.6. 

Two assumptions were made in using this theory. The first was that the atmosphere behaves like 
an ideal gas at very high altitudes (where the aeropass occurs). At high altitudes the atmosphere 
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is rarefied and the ideal gas equation is less accurate. The second assumption was that atmosphenc 
freestream pressure was insignificant in comparison to dynamic pressure. This assumption is valid 
fm th^gh reen^y velocitSinvolved. Dynamic pressure is at least three orders of magnitude 
greater than freestream pressure. 

Isentronic normal shock relations were initially used to determine the stagnation value of Cp 
S3 A° hS Mach numbers, however, these relations are invalid An unproved method for 
calculating properties behind a normal shock wave at high Mach numbers (Anderson, P-393) was 
therefore uSd to obtain more accurate values of Cpmax. This method assumes a caloncally 
imperfect gas and takes into account disassociation effects. Additional help from a thermochemi 
equilibrium code (NOTS computer code) was required to implement this method. 

The value of Cpmax was found to vary slightly throughout the aerobraking pass. Table 6 below 
lists calculated values for Cpmax at various points on the aerobraking pass. 


Table 6. Variation of Cpmax during Aerobraking Pass 
Altitude Speed 

(ft) (ft/s) 

250.000 32,800 

232,500 29,900 

245.000 27,400 

261,100 26,700 


Cpmax 

1.975 

1.967 

1.982 

1.944 


A computer program was developed to implement the Modified Newtonian theory method for 

S£SKSS3S^ - *- 

of center of pressures and stability derivatives. 


RESULTS 


To achieve the desired L/D ratio of 0.23, it is necessary to fly the ASTV at an M^e of attack of 
13.25°. Although L/D is independent of Cpmax, lift and ^8 coeffiaents are not. 
Cpmax = 1.967, the corresponding lift and drag coefficients were calculated to be. 


CL= 0.344, CD =1.495 

The required CG location needed to make 13.25° the trim angle of attack was calculated to be 


X = 18.67 ft, Y = 0.0 ft, Z = 1.38 ft 

By intersecting center of pressure lines for three angles of attack, the overall center of pressure for 
the vehicle was determined to be: 

Xcp = 18.58ft, Yep = Oft, Zcp = 22.20ft 

Figure 21 on page 32 shows the center of pressure lines and the overall vehicle center of pressure. 
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2.2.5 AEROBRAKE STABILITY AND CONTROL 

Phaseof each f si ion — -^^^6 
In order to achieve this control at the orbi Technology does exist for the design of flight 

£mZ be statically stable in pitch, yaw, and toll. 
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LONGITUDINAL STABILITY 

The requirement for static pitch stability at a given trim angle of attack is that the numerical sign 
of Cm* be negative. The value of Cma depends on both vehicle geometry and CG location. 

The calculated value of Cma was -0.163 for a CG location of (18.67, 0.0, 1.38) feet. The vehicle 
is therefore stable in pitch for this configuration. Figure 22 shows the corresponding graph of 
pitching moment versus angle of attack. 



vehicle is stable in pitch. 
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ROLL STABILITY 

stability of the aerobrake. 

A value of -0.153 for Cl <f> indicates static roll stability. Figure 24 on page 35 shows a graph of roll 
moment moment coefficient versus roll angle. 

LATERAL STABILITY 

cation does affect the value of Cn/S; however, the degree of this effect is small. 

The aerobrake demonstrates lateral' stability though. Only 

0.008. The small magnitude of Cn/J unphes a weaK tena y to a deviation in yaw. 

a^aphofTaw tm'ent confident plotted versus yaw angle. 
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CONTROL ...... . 

Control is necessary for the vehicle atmospheric properties (such 

Modifications to the trajectory ate thrusters 

^crea?— ftteap^priare «r to>eld an S,2iS. 

Using the previously mentioned <»tnptit«^DErain ; ^“^h Sthe” threeftight ares. Debating 
of the moments needed to create rotation offsets °* 1 8 f . 50 g about t he CG and parallel 

pitch by r fto T tr.('^-) ".“^TuU re“ reoS of Sl MbT about the r-axis. 
^^‘^^^aJreen, of 170 ft-lbf about the z-azts. 

direction, thereby changing the vehicle s trajectory. 
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2.2.6 LIMITATIONS ON CG POSITION DUE TO WAKE EFFECTS 

The purpose of the aerobrake is to protect the ASTV from the heat encountered during the pass 
through the atmosphere. All vulnerable vehicle components are positioned in the protective zone 
provided by the aerobrake. This protective zone has boundaries determined by both aerobrake 
geometry and the angular orientation of the aerobrake relative to the flight path. 

One factor affecting the angular orientation of the ASTV is the CG location. As the CG location 
changes so does trim angle of attack. Hence, CG position affects the boundaries of the aerobrake's 
protective zone. It was therefore necessary to determine the range of allowable CG positions which 
keep all vulnerable vehicle components within the protective zone behind the aerobrake. 

A computer program was used to calculate the protective zone provided by the aerobrake. Inputs 
to this program included aerobrake geometry, wake angle, and estimated minimum and maximum 
roll and pitch angles. The protective zone was then output and used to place the vulnerable vehicle 
components, components. Figure 26 on page 37 graphically depicts the region protected by the 
aerobrake. 
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Figure 26. Aerobrake Protection Zone 


During the aerobrake sizing process, £ he ato SchrlTt^ve an 

±5° from the optimum trim angle of attack * - Th angles subsequently give a range 

overall range of trim angles of ..lack .rrinr value, correspond ro 

St S55fi? SX' tTS'.ts.L I. is essential though that the payload be posrtroned 
correctly so as to provide this CG location. 
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3. PROPULSION 


INTRODUCTION 

ASTV propulsion is provided by two engines in a side-by-side configuration. These engines have 
been designed to yield high performance and reliability while also being compact. Main features 
of these engines include a bell nozzle optimized for minimum length, a nozzle retraction mech- 
anism, and gimballing about two rotational degrees of freedom. Liquid hydrogen/liquid oxygen 
propellant is fed to the engines via settling, pressurized tanks, and boost pumps. 


3.1 ASTV ENGINE DESIGN 


3.1.1 DESIGN CONSIDERATIONS 

Two main factors influenced the design selection of the ASTV main engine. The first factor was 
performance. Engine performance determines, to a large extent, the propellant requirements for a 
mission. The focus was on achieving a specific impulse goal of 500 seconds without threatening 
engine reliability. The second factor influencing engine design was compactness. The engine must 
fit in a space limited by the aerobrake's size and protection zone. Keeping engine size to a mini- 
mum reduces aerobrake size requirements. It also increases the range of allowable engine positions 
to give greater configuration flexibility. The extendible nozzle concept was an important ingredient 
in this design consideration. 


3.1.2 ENGINE SPECIFICATIONS 


ENGINE OPERATING/DESIGN PARAMETERS 

The Space Shuttle Main Engine (SSME) was used as a starting point for determining the ASTV 
engine design parameters. The SSME was selected because it has shown excellent perfoimance and 
reliability during shuttle flights, and because it is consistent with the ASTV engine design consid- 
erations. 

A thermochemical equilibrium code developed at the Naval Ordinance Test Station in China Lake, 
California (NOTS computer code) was also used to assist in the determination of the operatmg 
parameters. This program calculates the equilibrium combustion reaction in a chamber for a set 
of reactants chosen by the user. The user may specify two thermodynamic properties m the 
chamber and the list of combustion products to be considered. The program then expands the 
combustion products isentropically through a nozzle, and calculates flow properties at the throat 
and at any desired station in the nozzle. 

The design oxidizer/fuel (O/F) ratio was set at 6:1. This is the predominantly used value for 
LO 2 /LH 2 engines. Using a hydrogen rich mixture lowers the average exhaust molecular weight, 
thus yielding higher nozzle exit velocities and improved engine efficiency. Valves allow this ratio 
to be modified to suit current engine operating conditions, as well as available propellant. 
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Oxygen was assumed to enter the combustion chamber at its boiling temperature of 162 R. Hy- 
drogen inlet temperature was taken to be 325 R, the same as that for the Pratt & Whitney 
RL-10A-3 engine which has a similar hydrogen flow schematic (Ref. Hill and Peterson, p.441). 

Chamber pressure was assumed to be 3,000 psi. The initial estimate of 3,260 psi (used in the 
SSME) was reduced to compensate for lower turbopump outlet pressures. 

Based on O/F ratio, propellant inlet temperatures, and chamber pressure, an equilibrium chamber 
temperature of 6,760 R was calculated using the NOTS program. Input also included a list of 
combustion products to be considered. The selected products were water vapor, monatomic and 
diatomic hydrogen, and monatomic and diatomic oxygen. Combustion chambers already exist 
which operate at these high temperatures. A prime example is the SSME, which has a chamber 
temperature of 6,819 R. 

The engine's nozzle area ratio was set to 650. Large nozzle area ratios improve engine performance 
in a vacuum environment. Engine size restrictions pose an upper limit to this ratio though. The 
extendible nozzle concept allows this area ratio to be achieved while still keeping engine size to 
within constraints. 

Table 8 summarizes the engine operating/design parameters. 


Table 8. ASTV Main Engine Parameters 


Parameter 

Value 

Oxidizer/Fuel Ratio 

6:1 

Chamber Temperature (R) 

6,660 

Chamber Pressure (psi) 

3,000 

Propellant Inlet Temp. 


Hydrogen/Oxygen (R) 

325/162 

Nozzle Area Ratio 

650 


ENGINE PERFORMANCE CHARACTERISTICS 

Using the dual-engine configuration (to be discussed), required vacuum thrust was set at 15,000 lbf 
per engine. Preliminary thrust estimates were on the order of 30,000 lbf, but these were reduced 
to decrease engine size and weight and reduce loadings on engine components. Required mission 
bum times were also considered. Lower thrust yields longer bum times and also increases 
propellant requirements slightly. Assuming an initial vehicle mass of 94,275 lbrn, a total thrust ot 
30,000 lbf yields a reasonable 10 min. 12 sec. worst-case bum time for the initial bum irom LbU 
to GEO. 

A specific impulse goal of 500 seconds was set for the ASTV main engine. This assumed a modest 
performance improvement over existing L0 2 /LH 2 engines which typically have Isp values m the 
range of 450 to 475 seconds. This goal, however, was not fully achieved. Based on the previously 
listed engine operating parameters, results from the NOTS program showed the engine to have a 
vacuum Isp of 511 seconds. The final Isp after efliciency losses is 498 seconds. 

ENGINE OPERATION 

The ASTV engine will be capable of starting with the turbopump inlets at boost pump pressures. 
The boost pump will initiate flow through the turbopump. Turbopump outlet pressure will then 
increase as engine temperature increases. Engine cutoff will be controlled by gradually decreasmg 
the fuel flow rate. This extends engine life by allowing a gradual cool down of the combustion 
chamber, throat, and nozzle. 

Turbomachinery for the ASTV engine will be modeled after the Rocketdyne advanced OTV engine 
concept, with the exception that both turbines will be driven by hydrogen. A two-stage axial flow 
hydrogen turbine will drive the hydrogen pump, while a single-stage hydrogen turbine will drive the 
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oxygen pump. An additional modification is that oxygen and hydrogen pumps are synchronized 
using a gear train. The four-stage centrifugal hydrogen pump will yield an outlet pressure of 8,000 
psi at its operating speed of 178,000 rpm, while the single-stage centrifugal oxygen pump will yield 
3,400 psi of outlet pressure at its operating speed of 56,200 rpm. Both turbopumps will incorporate 
hydrostatic bearings to increase their life and reliability. 

The propellant flow diagram is given in Figure 27 below. The oxygen flow rate is 26.6 Ibm/s, while 
the hydrogen flow rate is 4.4 lbm/s. Oxygen enters the combustion chamber immediately alter 
passing through its pump, while hydrogen follows a more complex route. After passing through 
its pump, the hydrogen cools the combustion chamber and throat regions. It then drives the first 
turbine before flowing back to cool the nozzle. Finally, it returns to drive the second turbine before 
entering the combustion chamber. 



Figure 27. ASTV Engine Propellant Flow Diagram 


The ASTV engine uses a regenerative cooling system. Critical areas requiring cooling are the 
combustion chamber, the throat region, and the first nozzle segment. 


Cooling is achieved in two passes, both using hydrogen. The first pass cools the throat and com- 
bustion chamber. The NOTS program calculates gas temperatures of 6,760 R in the combustion 
chamber and 6,235 R at the throat. Cooling in these high temperature regions is achieved by senes 
of channels through which the hydrogen flows, as shown m Figure 28 on page 42. 
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In the second pass, the hydrogen cools the first nozzle segment. The extendible nozzle segment is 
not cooled, for the maximum gas temperature in this extendible segment is only 1,350 R. Instead, 
the extendible segment is made from a temperature resistant carbon composite. 

The extendible nozzle section is retracted to reduce engine length when the engine is inoperative. 
A drive mechanism will pull the second nozzle section towards the combustion chamber past the 
first section. To extend the nozzle, the drive slides the extendible section back into place. O-rings 
between both sections insure no no leakage of exhaust gases. 


3.1.3 ENGINE DIMENSIONS AND MASS 

The maximum width of the ASTV engine is 47.0 inches at the nozzle exit diameter. The maximum 
length is 76.7 inches in the extended (operating) position and 44.0 inches in the retracted (stowed) 
position. Figure 29 on page 43 shows the engine in both its extended and retracted positions. The 
nozzle throat and exit diameters were calculated from thrust considerations and operating parame- 
ters. 
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and actually passes over the combustion components, 
parisons with other similarly sized engines. 

5T £' ^S-SS- 

ASTV engine mass of 370 lbm. 

The compact design of the ASTV engioe allows it to easily fit in the space shuttle bay for deliver, 


into space. 
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3.1.4 CONFIGURATION 


A number of options had to be weighed before the final ASTV propulsion configuration could be 
realized. These options included choosing the type of propellant, selecting the number of engines, 
determining if an extendible nozzle would be required, and deciding whether to use one of the ad- 
vanced OTV engine concepts under development. 

The first option was choosing the type of propellant to be used. Candidates included liquid 
oxygen/liquid hydrogen (L0 2 /LH 2 ) and liquid fluorine/liquid hydrogen (LF 2 /LH 2 ). Each combi- 
nation has its advantages and disadvantages. Table 9 lists advantages and disadvantages of each 
combination. 


Table 9. Factors Influencing Propellant Selection 


Propellants 

Advantages 

Disadvantages 

lo 2 /lh 2 

• Relatively high 

• More propellant 


Isp 

required 


• Proven past 

• Less handling 


performance 

risk 

lf 2 /lh 2 

• High Isp 

• Storage 


• Reduced propellant 

difficulties 


The L0 2 /LH 2 combination was selected based on its proven past performance and its lower han- 
dling risks. 

The second option involved the number of engines. The two choices included a single-engine 
configuration or a dual-engine configuration. Table 10 lists advantages and disadvantages of each. 


Table 10. Comparisons of Single and Dual Engine Configurations 


Configuration 

Advantages 

Disadvantages 

Single 

•Simpler layout 

•Larger engine 
required 

Dual 

•Engine redundancy 

•More complex 


•Better thrust control 

engine mount 


Despite the increase in design complexity, the dual-engine configuration was preferred over the 
single-engine configuration. The deciding factor was engine redundancy. Since the ASTV will 
support manned missions, it is important that it have component redundancy in case of failure. If 
one engine fails to operate, the other engine wifi provide sufficient thrust to return the crew to 
safety. 

The extendible nozzle concept was determined to be appropriate for the ASTV engine. It improves 
engine performance and increases compactness, thus agreeing with both design considerations. 
During engine operation the nozzle is fully extended to create a high expansion ratio suited to a 
vacuum environment. During inoperative periods the extendible portion is retracted to reduce 
overall engine length. This feature allows the engines to be placed closer to the aerobrake lip 
without the danger of wake exposure during the atmospheric pass. 

The final configuration option involved the possible use of an existing engine. Three other engines 
are currently under development for use with orbital transfer vehicles. The contractors include 
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Aerojet Tech Systems, Rocketdyoe, and Pratt & Whitney. These engines were evaluated for pos- 
sible use in the ASTV. 

Primary characteristics of the both the ^?|®. *^^UMtt expander cycle! 

specific impulse raungs, bu, differs in tha, 

it only has a hydrogen expander cycle. 

M short of the ASTV engine specific impulse goal of 500 seconds. 

ENGINE LAYOUT 

Both engines will be mounted a, the front of,he_ASTV 

protection zone analysis required positi $ nos ;ti 0 n Figure 30 on page 46 shows side and top 
^"yK^ o' 'h' -brake show the eaten, 

of the protection zone along the axis of symmetry, 
are indicated in the top view of the engine configuration. 

In positioning the ASTV engine, the following four factors were taken into account: 

n clearance between engines . 

2) protection from wake during atmospheric P ass 

3 ) no main exhaust impingement on vehicle components 

4) thrust vectoring through all CG locations 

In order for the engines to have clearance, f ^o^ches 6 Actuaf separationbetween 

The eughte position must also ^^fon”sho™ 

tection zone during the aerobraking p enters this zone is the extendible nozzle section. 

on page 46, the only engrne componenl t wto * ever ffltt J^^mddng nnee the main engines 

SfjgZi SSltf ^r^l^^owslm en*nes in their smwed posh, on. 

Another factor which governs engine poto” f e ^ri^ S FmnRpne°S'on^ page 46 ifis clear that 
gases on either the aerobrake lip or an J aero brake lip It is also clear that exhaust will not 

“nei^ 

^ " to ,he — de - 

scribing the engine mount. 

A final factor wUch affeas en*n. 

C b ^,h“ e eS2me“eS Catenations. In both cases the thrust vector is aligned tough the 
CG. 
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ENGINE MOUNT 

The purpose of the engine mount is to provide the engine with two rotational degrees-of-freedom 
for purposes of thrust vectoring. Thrust vectoring is needed both for keeping thrust aimed through 
changing CG locations and for maneuvering. The entire thrust chamber pivots about the engine 
mount. Figure 33 shows the engine mount. 


MOUNT 

PLATE 


FUEL AND 
ELECTRONICS 


I .44 INCH 



Figure 33. ASTV Engine Mount 


The engine mount allows both pitch and yaw gimballing. Pitch gimballing would be visible in the 
side view and yaw gimballing would be visible in the top view. The minimum and maximum re- 
quired pitch angles are -40° and 18° respectively. The minimum pitch angle is used during stowage 
of the engine, while the the maximum pitch angle is used when the CG is deepest and farthest 
forward, as shown in Figure 32 on page 47. The minimum and maximum yaw angles are ±7.5 . 
Each engine, however, will only be allowed to gimbal so that the thrust vector points away trom 
the center. This is illustrated in Figure 34 on page 49. 

If both engines were gimballed in yaw at the same time, there would a danger of main exhaust 
impingement on an engine. Figure 35 on page 49 illustrates this problem. The angle made hy the 
exhaust with respect to the nozzle is the Mach angle corresponding to the exit Mach number. 1 he 
design exit Mach number is 6.51, thus giving an 8.8° exhaust expansion angle. 

An electric drive mechanism will pivot the engine in pitch. Actuators would not be suitable in this 
case because of the large range of required pitch angles, and because pitch gimballing will occur 
with the engine inoperative. The power requirement for each drive is 180 W. Yaw gimballing will 
be done with actuators. Each engine mount will have one actuator. The actuators will be operated 
using propellant at pump-outlet pressure. The drive mechanism and actuator for one engine mount 
are included in Figure 33. 
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In the case of engine failure, it will be necessary for an astronaut to install a new engine while in 
space. The engine mount simplifies this task. The entire engine can be quickly removed by un- 
bolting it from its mount. Low pressure propellant lines are removed via quick release valves. 


3.2 PROPELLANT HANDLING 

Propellant handling is the process of extracting the fuel from the tanks and transporting it to the 
engines or RCS. The fuel and oxidizer, liquid hydrogen and liquid oxygen respectively, are stored 

in a system of fourteen tanks. 


3.2.1 PROPELLANT ACQUISITION 

There are several ways to make the propellants available for pumping. These include capillary ac- 
quisition devices, propellant settling with pressurized tanks and boost pumps, and propellant settl- 
ing with subcoolers and boost pumps. 

Capillary acquisition devices work by using wetted screens to obtain a reserve of propellant. The 
system consists of the capillary acquisition device, thermal subcoolers, and a pumping system that 
pumps the propellant from the cold side of the subcooler back to the tanks The reserve of 
propellant, stored in a start basket, is used to start the engines. Once the engines have been started 
and are thrusting, the acceleration causes the propellants to settle in the tanks providing a constant 

supply. 

The next system of propellant acquisition utilizes propellant settling along with T* 
boost pumps. Before the engines can be fired, a supply of propellant is needed. The RCS system 
is utilized to initially accelerate the vehicle to cause the propellants to settle in the tanks. The 
subcoolers are then used to provide the net positive suction pressure (NPSP) required by the boost 
pumps. The boost pumps then pump the propellants through the ducts to the engines. 

The third and final scheme studied for the acquisition of the propellants also utilizes propellant 
settling. However, the tanks will be pressurized to provide the NPSP required for the boost pumps. 

There were three criteria used in choosing an appropriate propellant handling system: weight pen- 
alty, technology, and reliability. The capillary acquisition device has the most costly weight penalty, 
the lowest reliability, and requires the most as far as technological advancement “ . 

Therefore a settling scheme has been chosen. Due to the size of the subcoolers and the propellant 
residual volume created, the subcooler scheme was eliminated. The pressurized tank scheme was 
the most reliable and also the lightest. Also, this method requires the least amount of new tech- 
nology, and thus is the recommended system. 

This method of settling and pressurizing is integrated into the tanking syrtem. The tanking system 
consists of four main disposable tanks and ten small permanent tanks. Each of the mam tanks is 
pressurized to 20 psi. Each main tank is also equipped with an axial inducer type boost pump to 
push the propellant to the main engine's turbopumps (Ref. Cooper and SheerL The smaller per- 
manent tLcs are pressurized to 500 psi. These smaller tanks are pressurized to the operation 
pressure of the RCS thrusters, thereby eliminating the need for pumps on these tanks. Pressure is 

maintained by helium. 
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3.2.2 PROPELLANT LINES 

Propellant ducts are responsible for carrying the propellants from the tanks to the main engines, 
RCS thrusters, and fuel cells. The RCS thrusters will be fed from the smaller permanent tanks due 
to pressure requirements. The fuel cells will also be fed from the small tanks because of their 
compatible pressure requirements. The main engines draw propellant from the main tanks until 
the tanks are ejected before reentry. The small tanks subsequently provide the propellant necessary 
to circularize at LEO. All tanks will be interconnected via a valve control system. By operating 
the valve system correctly, a damaged or clogged tank can be shut down and propellant can be 
routed from another tank. All connections to tanks and engines are quick connect/disconnect type 
connectors. These are used for safety and ease of maintenance reasons. 

The ducts will be made of an aluminum alloy. This will save weight compared to stainless steel 
ducts. To accommodate thermal and structural deflections, aluminum bellows joints will be uti- 
lized. Engine gimballing will be accounted for with flexible supply lines. All ducts are wrapped 
with insulation to protect them from radiation and debris. A propellant flow flow schematic fol- 
lows in Figure 36. 
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4. STRUCTURES 


INTRODUCTION 

The ASTV consists of four major structural components: a frame, mission modules, propellant 
tanks, and the aero brake supporting structure. The frame is made of 181 tubular members of an 
advanced composite material and is the superstructure connecting the aerobrake to the various ve- 
hicle components. The cylindrical modules store the mission payload and provide crew life sup- 
port. Up to three interconnected modules may be carried by the vehicle. The ASTV propellant 
tank layout consists of four disposable and ten reusable tanks. The disposable tanks are ejected 
prior to entry into the atmosphere. The aerobrake is made rigid by seven longitudinal and five 
lateral supporting stringers. The aerobrake attaches to the frame via these stringers. These elements 
are made such that they can be integrated in orbit at the space station. 


4.1 FRAME 

A frame composed of tubular members serves a dual role in the vehicle design. It provides a scheme 
to integrate ASTV components and it provides support for the aerobrake. Although the aeroshell 
itself is rigid, it requires additional support during mission phases which impose severe aerodynamic, 
thermal, an inertial stresses to the vehicle. Figure 37 on page 54 shows an isometric view of the 
structural components. The two phases of main concern are the aerobraking phase and the 
thrusting phase. The frame consists of tubular members rigidly connected at all joints. It provides 
37 connection points to the aerobrake, a cradle for the mission module, and a mounting support 
for the propulsion system. The frame members are fabricated from an advanced graphite epoxy 
composite and are connected by structural aluminum elements. In addition, this frame has pro- 
visions for a payload configuration for orbital delivery of the frame and aerobrake. The frame de- 
sign was analyzed using a PC supported computer structural analysis program called PC-STRAN. 
Using this program, the internal stresses and deflections of the frame during the aerobraking and 
thrusting phases were calculated. 


4.1.1 MATERIALS 

The two structural materials required for the ASTV aerobrake frame are an advanced 
graphite/epoxy composite and aluminum. The former is used for the tubular members of the frame 
while the latter is used for the endfittings required to join these members. 

The composite material which was selected is an HT graphite fiber/epoxy matrix. This material 
was chosen as a baseline due to its exceptional material properties. In selecting a material there 
were three major factors that were considered: strength, mass, and thermal characteristics. Several 
structural materials were compared based on modulus, ultimate strength, and density. Table 1 1 
on page 54 lists and compares the material candidates in these categories. Figure 38 on page 55 
shows that HT graphite/epoxy has an exceptional combination of ultimate strength-to-density and 
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lie to the material's unidirectional properties, it is necessary to design endfittings that. can be used 
e listed in Table 1 1 on page 54. 


4.1.2 FRAME COMPONENTS 


The frame eonsisrs of 181 tubular members. These > MO <U "«| 

SSKSS5S « “JgSSL’SEi ^cred Averse loads, and also helpto dampen 
vibrations. 

autoclave must be large enough to cure the longest members (13.5 feet), 
standard frame members. 

The* skevfhas a thickness of 0.1875 inch. Individual tubes are bonded to these endfittmgs wi a 
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Wh temperature adhesive capable of withstanding the 800° F temperature shifts occurring during 
IhfaerobSking phase. These endfittings also use reinforcing nbs where necessary. 




l/STwalltiiicbMM 


Figur e 40. Frame Spine Member 

The ZZ module moving » 

12x96 Steel I-beam. The flange is 12.2 S w as chosen because of the 

long. The total cross sectional area is 28.2 m • j bm payload would have on an 

complex loads .ha. accelerating, and .Tiffed V to the plane of the 

nonisotropic material. These rails are pi • module surface. These rails also aid in 

aerobrake. Each is tilted 42 to ^ jansen - X °. th f h fr . rigidity. Chapter 4.3 discusses the 

docking (Chapter 8) for they provide the basis ot me name s ng. y 

mounting of the modules in depth. . , 

Figure 41 on page 57 also ? hl> * s 5 ^'j^}j Strainum boStTThese boUxcan be either regular 
thick are joined as shown using 0.5 inch diameter ahmm ^ 0 section of the mating 

3nl part of the aerobrake and not the frame. 
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4.1.3 STRUCTURAL ANALYSIS 

d^ct s^iffness method to predict stresses and deflections on three-dimensional structures. 

For the aerobraking maneuver, the aerodynamic analysis (Chapter 2.2) showed a maximum decel- 
eration of less than 8 4 g's. This was used to determine a preliminary load requirement on each of 
1?1 members of the truss An input load file for PC-STRAN was created which included the 
^rodyiiamic, Aermal and inertial loadings. The program was then implemented. The final frame 
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This frame was then tested in the thrusting phase using two 15,000 lbf engines (Chapter 3.1). This 
phase is less demanding than the aerobraking phase, and PC-STRAN results supported this. 
Figure 43 on page 58 shows the deflections for the thrusting phase. 




4.1.4 FRAME SPECIFICATIONS 

All characteristics of the frame are listed in Table 12 on page 60. The frame mass (including 
endfittings) is 1,866 lbm. This is approximately 1/6 of the empty craft weight (Chapter 2.1.3). 
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Table 12. Frame Specifications 

TUBE CHARACTERISTICS 

HT Graphite/Epoxy 

Density 

0.054 

lbm/in 3 

Total Length 

1,068.570 

ft 

Total Mass 

1,393.870 

lbm 

ENDFITTINGS 

Total Number 

65 


Average Mass Each 

3.000 

lbm 

Total Mass 

195.000 

lbm 

Mass of Spine 

277.000 

lbm 

Mass of Rails (2) 

1,132.000 

lbm 

Total Mass 

2,997.870 

lbm 

Center of Gravity Position: i 

X 

18.15 

ft 

Y 

0.00 

ft 

Z 

-1.67 

ft 

Moments of Inertia: 

Ixx 

64,700 

lbm-ft 2 

Iyy 

124,600 

lbm-ft 2 

Izz 

184,080 

lbm-ft 2 

Ixy 

0 

lbm-ft 2 

Iyz 

0 

lbm-ft 2 

Izx 

4,00 

lbm-ft 2 


4.1.5 EARTH-TO-ORBIT DELIVERY 


For delivery into orbit the aerobrake components are packaged so as to fit into a 60 foot long by 
15 foot diameter cargo area. The frame with the aerobrake attached can be split into three sections 
and packaged as in Figure 46 through Figure 50 on page 62. 
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Packaging consists of three steps. First, the aerobrake and frame are split into three sections as 
shown in Figure 46 on page 60. Second, the forward and the aft thirds are joined together by their 
similar nodes as seen in Figure 47 on page 61. Finally, the middle third is placed over the aft third 
as shown in Figure 48 on page 61 and Figure 49. This final packaging scheme is pictured in 
Figure 50 and fits into a 15 foot diameter by 30 foot long cargo bay. 


4.2 AEROBRAKE 

4.2.1 DIMENSIONS 

The raked-cone aerobrake derives its name from the geometry upon which it is based. The 
aerobrake surface is formed by clipping upper and lower edges off of a right circular cone, and then 
covering the lower edge with a circular cap. 

Figure 5 1 on page 64 shows side and top views of the aerobrake. The 37 foot length shown is the 
inner length. The actual length of the aerobrake is 37.06 feet after addition of the thermal pro- 
tection layers. The aerobrake inner width, shown in the top view, is 30.2 feet. Overall width in- 
cluding the thermal protection layers is 30.26 feet. 


4.2.2 GEOMETRICAL PROPERTIES 

A computer program was written to create a set of data points representing the raked-cone 
aerobrake surface. An additional program was written to calculate the geometrical properties of the 
aerobrake. After generating the surface points (using the algorithm from the first program), the 
program divided the surface up into a finite number of triangular elements. Next, the program 
made use of formulas which give the area, first moments of inertia, and area moments of inertia for 
a triangle having a general orientation in 3-D space. Summing these values over all triangles then 
gave approximate values for the geometrical properties of the entire aerobrake. 

Table 13 shows the results of the second program. The data are based on a 1 10 x 1 10 grid of points 
and an aerobrake length of 37 feet. 


Table 13. Aerobrake Geometrical Properties 

Length = 

37.0 ft 

Width = 

30.2 ft 

Area = 

1,009.4 ft 2 

Center of Gravity Position: 

X = 

18.94 ft (measured from tip) 

Y = 

0.00 ft 

Z = 

-1.81 ft 

Ixx = 

64,831 ft 4 

Iyy = 

95,072 ft 4 

Izz = 

1 54,843 ft 4 (about centroid) 

Ixy = 

0 ft 4 

Iyz = 

0 ft 4 

Izx = 

-4,678 ft 4 
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4.2.4 THERMAL PROTECTION SYSTEM 
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lation was the development of multilayer insulation technology. The ASTV thermal protection 
system is based on this technology. 

The TPS chosen consists of a top surface of Aluminoborosilicate cloth followed by insulation, and 
then layers of stainless steel foil radiation shields, each 0.002 in thick, separated by ABS scnm cloth. 
The scrim cloth is used to maintain an efficient separation between the foils without adding a sig- 
nificant conductive heat path to the system. The stainless steel foil is used as the radiation shield 
material because of its relatively low emittance and high reflectance at high temperatures. 


Heat transfer in multilayer insulations (ML1) in general occurs through conduction, convection, and 
radiation. For space applications, the convection process may be neglected since the gas is at such 
low pressures. The heat transport processes which must therefore be considered mclude conduction 
through the solid phase of the insulation and radiation. 


A one dimensional heat transfer analysis was performed to determine the TPS thicknessand mass. 
The total thickness was found to be 0.337 in and the mass of the TPS was calculated to be 593 lbm. 
This amount of protection resulted in a back face temperature of 350 F which is tolerable for the 
aluminurn structural support of the aerobrake. 


The skirt of the aerobrake extends 1 ft above the edge of the aerobrake. Its purpose is to decrease 
wake impingement. It uses the same TPS scheme as the aerobrake, and has the same back face 
material of duminum but has no stringers. 


4.3 CARGO MODULE 

A cargo module was developed to accommodate mission payloads on the ASTV. This cargo 
module serves three purposes. First, it will provide the base mounting platform for the payload. 
Payloads will be joined to the cargo module, which in turn will be joined to the ASTV. Swond, 
the cargo module will protect sensitive payloads from unpact and radiation hazards. Payloads 
not require 'inbuilt' protection and will therefore be less massive. FinaUy, the cargo module will 
allow selective positioning of the payload on the ASTV . This essential feature aids m positioning 
the overall center of gravity of the ASTV . 

The canto module design was based around three additional criteria. It had to have low weight, it 
had ZT compatible Hth a wide range of payload sizes, and it had to be easdy mstallable and re- 
movable. 


4.3.1 DIMENSIONS 

Figure 53 on page 67 and Figure 54 on page 67 show side and transverse views respectively of the 
cargo module The module is cylindrical in shape, having a diameter of 14 feet ^dakngthofS 
feet. Its total internal volume is 1,230 ft 3 . A mass breakdown (included at the end of this chapter) 
yields an estimated mass of 556 lbm per cargo module. 
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The centroidal mass moments of inertia for the cargo module were calculated to be 


Mxx = 1 5,808 lbm-ft 2 
Myy = 9,810 lbm-ft 2 
Mzz = 10,020 lbm-ft 2 


with the centroid at 

X =-0.01 ft, Y = 0.00 ft, Z =-1.45 ft 


4.3.2 CARGO MODULE DESIGN 


STRUCTURAL COMPONENTS 

Structural components of the cargo module include the sldn, internal stringers, support ribs, hubs, 
and feet. All structural components are fabricated from alummum-hthium alloy #2U9U. 


The primary structural component of the cargo module is the cylinder skin. Its thickness was de- 
SS considering the maximum shearing stresses it would have to withstand. These occur 
during the aerobraking phase of the mission with 6,000 lbm payload. The maximum deceleration 
during this phase is 3.72 g's. From this a minimum thickness of 0.01 inches was calculated. To 
include a safety factor of 2 the final skin thickness was made 0.02 inches. The skin is constructed 
by wrapping the sheet of metal around internal stringers and weldmg the seam. 



Area - 1 .052"7ln**2 

Ixx =0.1 000ln**4 
lyy = I . 0682 l n**4 


Figure 55. Detail of Cargo Module Stringer 


Stringers are incorporated into the cargo module design to provide ngidity. Figure 53 < >n page 67 
shows the location of the two stringers which lie along the inside perimeter of th e cyhnd . 
Figure 55 gives a detailed cross-section of this stringer and lists its inertial properties. Two addi 
tional stringers at each edge connect the skin to the hub. These are shown m Figure 56 on page 
69. A support rib is placed behind each foot on the other side of the skin. The nb, shown in detail 
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in Figure 57 on page 69 and Figure 58 on page 70, distributes the loads from the foot over a larger 
area and eliminates high stress points. 
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Circular hubs provide stiffness at each end of the cargo module. They also serve as the joining 
platforms when modules are stacked (to be discussed). Each hub has 12 evenly spaced attachment 
holes. Figure 53 on page 67 and Figure 56 on page 69 show the hub and attachment points. 
Covers can be attached to the hub. These covers are 0.02 inches thick, the same as the skin. 

Extending from each module are two pairs of feet which connect to the rails. Figure 54 on page 
67, Figure 57 on page 69, and Figure 58 show the feet in detail. The feet are sized to withstand 
the shearing stresses associated with propulsive maneuvers. Projecting the feet at an angle with 
respect to the cargo module simplifies installation and removal of the mission module. As the 
module is lowered it will automatically slide into the correct position. Figure 59 on page 71 shows 
this automatic positioning feature. 

STACKING FEATURE 

To reduce the overall structural mass of the ASTV, a stacking feature was incorporated into the 
cargo module design. This feature allows a cargo module to be joined (mated) with other cargo 
modules. The size of the containment structure can be optimized for the current payload, thus 
eliminating excess structural weight. In addition, cargo modules may be joined to the crew module 
since it also incorporates this feature. Not only does this allow all modules to be installed and re- 
moved as a single unit (the mission module), it also increases the overall structural rigidity of the 
ASTV. Another important advantage of this feature is that the payload mass distribution can be 
set so as to aid in positioning of the overall ASTV center of gravity. 

Modules are joined together along the circular hub located at each end. Up to three modules can 
be mated together to form a complete mission module of 24 foot length. The joining processes 
simple and therefore suitable for the space environment. The process entails two steps. First, the 
two modules to be joined are positioned next to each other. This may be done by either an 
astronaut (the modules are relatively light) or by a robot arm (modules are provided with grasping 
hooks). Finally, fasteners are inserted through the adjoining hubs at the attachment points and 
tightened. 
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MINIMUM ADJUSTMENT INCREMENT IS 8 INCHES 
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IMPACT/RADIATION protection 

Each cargo module is covered by 10 alternating 

orbital debris impact protection and rad^^ insolation thickness is therefore 0.022 

be 4,2 Ibm. 

The purpose of the raU system is to pttmde t evenly s P a “ d to* S” A^rion 

wiU> d f* a “ d A y s ^‘ h stace n tr3[ss°on module is only part of the entire vehtcle mass, the overall 
rG^rit^L be adj«ed to much smaller increments than 8 tnches. 
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2 OF 4 ATTACHMENT 



Figure 62. Payload Attachment Point Locations 


ASSEMBLY AND DELIVERY TO SPACE 

The cargo module s simple design allows it to be assembled in space. Individual components such 
as the skin, hubs, and stringers are fabricated on the ground and transported into space by the Space 
Shuttle. These components are then welded together in space to form the completed cargo module. 
Since cargo modules are reusable, only a small number (on the order of three or four) must be 
constructed. 

INSTALLATION/REMOVAL 

The cargo module design simplifies the task of installation and removal of the mission module. 
After being assembled, the mission module is positioned above the appropriate rail mounting point 
and lowered into place. Small errors in positioning are automatically corrected as the module is 
completely lowered. Upon contact the feet are bolted to the rails. The removal procedure is even 
simpler. The bolts are undone to release the feet from the rails, and the mission module is raised 
away from the vehicle. Robot arms may grasp the cargo module at any of eight externally distrib- 
uted grasping hooks. 


MASS BREAKDOWN 

Table 14 on page 74 shows a mass breakdown of all cargo module components. The estimated 
mass for one cargo module is 556 lbm. 
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4.4 CREW MODULE 


The crew module was developed so that three people may be transported essenti^yaspassengers 
aboard the ASTV. Should a crew be necessary, one or more crew modules could be mounted 
the vehicle in place of a corresponding number of cargo modules. Each crew module C ^ S ^PP° 
three adults for 48 hours with the capability for one full repressunzation. The crew is transported 
in an ideal earth atmosphere for a round tnp time of 14 hours 39 minutes. 

The overall crew module consists of 3 seats, a set of guidance and communication controls over- 
head storage racks space suit storage, and a lavatory. The controls aUow the vehicle to be man y 

controlled In case of a guidance system failure. Figure 63 and Figure 64 on page 75 show the crew 
module layout. 






36 l n 



Figure 64* Crew Module Layout - Front View 


4.4.1 DIMENSIONS/CONSTRUCTION 

The crew module dimensions are the same as the cargo module dimensions to accommodate the 
cargo module stacking feature. The crew module structure is made of aluminum alloy 201 4-T6 (p 
= 0.101 lb/ft 3 ) and developed using a stress analysis which assumed a maximum loading of 4 g's. 
The crew module is cylindrically shaped so that it may be transported by the Space Shuttle. It is 
14 feet in diameter and 8 feet long (see Figure 65 on page 77 and Figure 66 on page 78). It will 
have a 0.25 inch thick aluminum deck to secure equipment under the 4 g loading. The structure 
also consists of two C 5x9 aluminum alloy end stringers (as referenced to the W and C classifica- 
tions for beams), one centered W 4x13 stringer, three W 4x13 beams which run lengthwise, and 
three W 4x13 beams which also run lengthwise and are used below the deck as machinery mounts. 
The skin is made of a sandwich type construction composed of an inner airtight shell 0.02 inches 
thick. The inner skin thickness was calculated assuming an interior pressure of 14.7 psi and a factor 
of safety of 1.44. The exterior skin is made of 0.01 inch thick aluminum. Sandwiched between the 
inner and exterior skin is 4.16 inches of insulation and meteorite protection. 
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Table 15. Weight Summary of Crew Module 


STRUCTURE 

No. 

LENGTH 



(ft) 

C 5x9 

2 

43.980 

S 5x14.75 

3 

11.489 

S 5x14.75 

1 

8.000 

W 4x13 

1 

43.980 

W 4x13 

8 

8.000 


TOTAL LENGTH 

AREA 

(ft) 

(ft 2 ) 

87.96 

0.018 

34.50 

0.030 

8.00 

0.030 

43.98 

0.027 

64.00 

0.027 


Structure Mass 
Mass of Inner Skin 
(Thickness = 0.02 in) 

Mass of Exteroir Skin 
(Thickness = 0.01 in) 

Other Weight Estimates 
Thermal/Radiation/Impact Protection 
Avionics and Controls 
Crew 3x175 lbm 

Aluminum Deck Plate (t = .25 in) 

Seats 3x100 lbm 
Air Tanks 
Air Ducting 

Air Recirculation Machinery 
Radiation Storm Shelter 
Interior -Overhead 

-Lavatory, Plumbing, Pump 

-Onboard Water 

-Misc (Space Suits, Lights etc.) 


TOTAL 


TOTAL VOLUME 
(ft 3 ) 

1.613 

1.039 

0.240 

1.169 

1.728 

1,006.0 lbm 
96.3 lbm 

50.7 lbm 


235.0 lbm 

200.0 lbm 

525.0 lbm 

330.0 lbm 

300.0 lbm 

250.0 lbm 
60.0 lbm 

60.0 lbm 

773.0 lbm 

75.0 lbm 

80.0 lbm 

100.0 lbm 

500.0 lbm 

4,891.0 lbm 
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4.4.2 LIFE SUPPORT 

The environmental control and life support system (ECLS) chosen for the crew module requires 

equipment for the following tasks: , ADC . 

1) Cabin Atmosphere Revitalization Section (AKS) 
for personnel and equipment. 

2) Atmosphere Storage and Control. 

The ECLS is designed to provide a suitable environment for the crew of three within the following 
parameters: 

Temperature 70° ± 5° F 

Total Pressure 10 - 14.7 psi 

0 2 Partial Pressure— 3.5 ± 2 psi 

Diluent Nitrogen 

C0 2 Partial Press. 8 mm Hg max 

Relative Humidity 50 ± 10% 

Crew Metabolic Parameters 

0 2 Consumption 2.07 lbm/man-day 

C0 2 Output 2. 1 2 lbm/man-day 

Water Consumption 6.125 lbm/man-day 
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Wash Water 26.3 lbm/man-day 


Respiration and Perspiration 


Perspiration Output- 
Heat Output (Sensible) 
Heat Output (Latent)-- 


3.08 lbm/man-day 
-7,730 Btu/man-day 
-3,230 Btu/man-day 


The ARS is further broken into two mam subsystems: 

1. Active Thermal Control 

-Freon Coolant Loop 
-Space Radiator 
-Avionics Cooling 

2. Atmospheric Revitalization . . 

-Atmospheric Revitalization 
-Atmospheric Pressure Control 
-Avionics Cooling 

. * A • Frprm-21 looo two air- water- Freon loops, and 
Thermal control for the mission is provide y , u as ^eat from the air circulation ma- 

one water to Freon loop. Heat generated by J.W « Signed to remove 3,660 Btu/hr from 
chinery is dissipated through a 650 Ibm/hrmr ‘°°P ™binery, the crew module air loop will also 
the module. In addition to cooling t , board the module for a total heat transfer 

remove 8,300 Btu/hr from the one avionics packag ion boar d the .^ess steel air to water heat 

of 11,960 Btu/hr. The heat ,s the ^'^^^oSStag which removes heat from the 
exchanger. A second air loop is provided tor in lbm/hr. The heat from this second 

below deck avionics at 5,200 Btu/hr using an air exc hange r The final avionics cooling is 

&££££ 5ass&fi— 

The cabin air cooling system is triply redundmt vath thrce heat A? coldplate water loop are 

ihe cabm 

The ARS also provides trace contaminant, COr, bl |J?^^ b ^ d ^^by < one of two redundant fans 
Xa™ into the cabin air fan assembly 1 ttaoujh • ® « c ^ n SZ. and odor assembly. The 
a, 150 cfm. The air is then ^.^““Jrof eSdgTSmfmsed of lithium hydroxide, activated 
assembly contains two COi “ d ? d f accessible from the cabin for replacement 

MS? 

S SSATtfSSSStS ' condensate is removed hum the hea, exchange, and stored 
for removal at LEO or GEO. 

The cabin atmosphere simulates 

and 14.7 psi respectively. The cabin atmo p ' ^ ^ of fire or equipment failure and aids m 

This mixture meets the ww reqimements, 03 o /o catalysts are used to remove carbon 

equipment cooling. Carbon ^o^e^scontroU JtJ) g95 lbm of nitrogen is also earned on 

monoxide. An extra supply of 39 ™ lbm f ° -ssurization of the module and meets the 7 lbm 
board. This amount of air allows for a f p . t f or forty-eight hours. A trip from 

air/day leakage and the 2.07 lbm J? 2 / tef 1? heSrs^S 39 minutes. The extra gas is carried for 
LEO to GEO and back to Jakes 1 to i eave the module in an emergency or for a repair 
repressurization purposes should the otw have 1 ; ^ “ of a wlar flare( the radiation protection 

“tcoSuf ,1,“miX rnt no. be sufficient. In Bus cure Ur. fhrec crew members enter .he 
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storm shelter shown in Figure 63 on page 74. The storm shelter is made of 0.866 inch thick alu- 
minum. This additional shielding provides ample radiation protection during an abnormally large 
solar event. Drinking water as well as wash water for the crew is a by-product of energy production 
in the fuel cells. The water is stored on board in a fresh water storage tank. 


Table 16. Tanks 

OXYGEN 

TANK 

HYDROGEN 

TANK 

DIMENSION 

Disposable Tanks: 
Tank Radius 

4.396 

6.115 

ft 

Skin Thickness 

0.009 

0.013 

in 

Skin Mass 

29.430 

78.450 

lbm 

Stringers: 
Width (w) 

1.000 

1.000 

in 

Height (h) 

1.000 

1.000 

in 

Thickness (t) 

0.109 

0.018 

in 

Thickness at 
connection point 

1.160 

0.117 

in 

Hole/ Pin Radius 

0.304 

0.125 

in 

Total Mass 

13.300 

3.100 

lbm 

Baffle Width (w) 

6.844 

9.422 

in 

Ejection Rocket: 

Burning Surface Area 

1.963 

4.507 

in 2 

Throat Area 

0.223 

0.512 

in 2 

Exit Area 

1.733 

3.980 

in 2 

Bum Rate 

0.480 

0.480 

in/sec 

Fuel Mass 

0.120 

0.275 

lbm 

Structure Mass 

42.730 

81.550 

lbm 

Permanent Tanks: 
Tank radius 

1.065 

1.479 

ft 

Skin thickness 

0.073 

0.031 

in 

Skin Mass 

13.859 

11.143 

lbm 

Stringer Mass 

2.338 

0.273 

lbm 


4.5 PROPELLANT TANKS 

In order to reduce overall mission costs a disposable propellant tank configuration was designed. 
With this configuration, the propellant tanks extend over the outer edges of the aerobrake. This 
allows for the aerobrake to be smaller and less massive, and hence yields a savings in propellant. 
Just prior to entry through the atmosphere the tanks would be ejected away from the spacecraft 
and allowed to bum up on their entry into the atmosphere. At this point, small permanent tanks 
would take over the remaining propellant requirements. The ejection system for the propellant 
tanks consists of four releasable connection points that connect the tank to the main structure and 
a solid fuel rocket that boosts the tank away from the spacecraft. A comparison between a solenoid 
ejection system and a rocket ejection system was done and it was found that the rocket system 
would be more reliable, less massive and less expensive. 


4.5.1 DISPOSABLE TANKS 

CALCULATION OF COMPONENT DIMENSIONS 

The main tank components consist of the skin, stringers, impact and thermal protection, and 
internal baffles. The material used for these components is an aluminum lithium alloy 
(2090-T8E41) with a tensile yield strength of 87 ksi, a shear yield strength of 43.5 ksi, and a density 
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Of 0.092 lbm/in 3 . In the calculations it was assumed AatAe “xygent^ 

loaded tank would be 4257.89 lbm for th ® ld be 2 g ' s at the time of maximum loading 

It was also assumed that oSfi S P ^ Tb^mflects the negligible pressure due to 

and the gauge pressure of each tank ^ would ^be P tank of 6.1146 ft radius and an oxygen 

sa 4 sr : as^rssss. j . *£. .» «*. * •*»« *■— » 


presented below: 

Tank thickness (using hoop 


stress analysis): 
a = pr/2t 


0 2 : 

H 2 : 


where p is the gauge pressure, 
of the tank. 


t = 0.0061 in 
t = 0.0084 in 


„ i s the normal stress, r is the radius of the tank and t is the thickness 


Skin Mass: 


0 2 : 

H 2 : 


M = 4«r 2 tp 
M = 19.62 lbm 
M = 52.30 lbm 


where p is the density of the material. 


*T' Stringer 


dimensions (using normal stress calculations). 
a = P/A 


A = 0.11450 in 2 
A = 0.02447 in 2 


where P is one quarter of the total force pr0 ^ C ^ f 2 f thVSringer^lS asSned^hat the width 
w eqXfoShl^TO^ves the following thicknesses: 

2 2 : t = 0.01224 in 


Pin cross-section area at connection point. ^ 


A = 0.2909 in 2 
r = 0.3043 in 
A = 0.0489 in 2 
r = 0.1248 in 


SET 

holes in the following manner to prevent tearing of the stringers. 


K = txmax/aave 
d = D - 2r 
aave = P/A 


where D is the total width at the hole, r is 
sectional area of the stringer. 


the radius of the hole, P is the force, and A is the cross 


r/d = 0.7538 
aave = 41826.9 psi 


K = 2.08 
A = 0.3026 in 2 


t = 0.7731 in 

r/d = 0.1636 K = 2.39 
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<rave = 36401.7 psi 
t = 0.0779 in 


A « 0.05848 in 2 


After these calculations were complete a factor of safety of 1.5 was applied to arrive at the final di- 
mensions and masses listed in Table 15 on page 76. 

BOOSTER ROCKET DIMENSIONS 

After the tank mass was calculated, a booster rocket was designed that would eject the tank far 
enough away so as not to interfere with the spaceship on the rest of its mission. The selected fuel 
grain used is an end-burning type since this would give a constant thrust throughout the bum. It 
was estimated that the thrust would be twice the mass of the tanks and the bum time would be two 
seconds. This would put the tanks 128.8 ft away at a velocity of 128.8 ft/sec. The trajectory would 
be at a 45° angle to the raked plane of the aero brake and almost perpendicular to the thrust line. 
An extra stringer reaching one quarter of the way around the tank is added to support the thrust 
of the booster rocket, as seen in Figure 67. It was assumed that the exit pressure would equal 14.7 
psi, and that the chamber pressure would equal 1000 psi. The solid fuel used is ALT- 161, and has 
the following combustion properties: 


Chamber temperature 

y 

MW 
density 
bum rate 
n 
R 


= 3,660 R 
= 1.27 
= 30 

= 110 lbm/ft 3 
= 0.48 in/sec @ -320° F 
= 0.745 

= 1,658.7 lbf 2 -s 2 /lbm 2 



Figure 67, External Schematic of Propellant Tank 
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The dimensions of the booster rockets were arrived at using ideal, isentropic equations. From these 
results the final dimensions in Table 15 on page 76 were calculated for each ofthebooster rockets 
assuming the structure mass plus the insulation mass of the oxygen tank is 186.8 lbm and the hy- 
drogen tank is 429.0 lbm. 


BAFFLES 

Three ring baffles are added inside each propellant tank to reduce the amount of sloshing within the 
tank. The baffles are oriented perpendicular to the line oftlunst since this is thepnm^direct ion 
of the sloshing. This can be seen in the section shown m Figure 69 on page 84. The three nng 
b affle was found to reduce the sloshing most effectively. In addition, a w/R ratio of 0. 125 was most 
effective in terms of dampening versus weight of the baffles. This corresponds to the dimensions 
given in Table 16 on page 80. 
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TANK RELEASE MECHANISM 


TANK RELtA&E. lWttnniiw* . . . 

The tank release mcchaninn < : °^ s ^^e two^cated Sween the mission module and 

stringer by an exploding bolt as seen “ deduce l Xm iracTure and allows the bolt to release 

Z detonated, Awing the damp to open up and tree 

the tank from the spacecraft. 


4. STRUCTURES 


84 



4.5.2 PERMANENT TANKS 

Ten small tanks supply the spacecraft with propellant to complete the mission afte ^ 1 ^ s i° f jjj® 
disno sable tanks. Five of these are oxygen and five are hydrogen. They are oriented so tha 
nrooellant exit is closest to the engine side of the vehicle. Thrusting therefore aids in extracting 
propellant There is also a helium filled bladder to pressurize the propellant. This serves to pump 
the propellant to the engines and greatly reduces sloshing within the tanks. It also serves to pump 
,h° IngS^hen is no, .tasting. TOe sctan^of ta ‘rf,gta£n 

can be seen in Figure 71 on page 86. The internal pressure of the tanks is 500 psi. bacti oxygen 
tank has an empty mass of 137.4 lbm, and each hydrogen tank has an empty mass of 22.8 lbm. 
The same calculations that were done for the disposable tanks were done for the permanent tanks 
to at Ihe tensions listed in Table 16 on page 80. The stringer size is consistent with the 

corresponding disposable tanks since the permanent tanks have longer expected lifetimes. 
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4.5.3 INSULATION 

The multilayer insulation thickness required for the tanks was determined by allowing for one per- 
cent boiloff. Boiloff is the propellant component that is vaporized within the tank due to heat flux. 
This measure is conservative for any particular mission where boiloff below 5% may be tolerated. 

The maximum heat flux which may be transferred into the tanks is determined partly by the heat 
flux due to solar radiation on the exposed surface of the tank. The temperature of the tank surface 
can then be determined using the Stefan-Boltzman Law. 

The calculated insulation thickness for the various tanks is shown in Table 17 on page 87. The 
actual amount of insulation required will be slightly greater due to the heat transfer that occurs 
because of piping. This amount, however, will not significantly increase the total mass of insu- 
lation. 


4.5.4 IMPACT PROTECTION 

Table 17 on page 87 gives the thicknesses for radiation shielding, impact protection material and 
insulation for each component, along with the total insulation mass for each component. Radi- 
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ation protection is supplied by the stainless steel foils that compose part of the MLI, and impact 
protection is also supplied by both the foils as well as by the spacer material (Nextel). 

The required shielding thickness was determined using the Ames criterion: 


t = 2.7xlO' 6 (AT/P) 1/3 


where 

A - surface area 
T - mission duration (sec) 

P - probability of no penetration 


The result yields a thickness for one sheet of aluminum; however, the chosen design uses several 
layers which can reduce the thickness needed. Hence, an improvement of 20% in thickness was 
assumed. A factor of safety of 1.5 was also imposed and the results are as given in the following 
table. 


Table 17. Tank Shielding and Insulation 



COMPONENT SHIELDING (in) 

INSULATION (in) 

MASS (lbm) 

Main O 2 tank 0.02 

0.319 

2 x 144.1 

Main H 2 tank 0.025 

0.397 

2 x 347.4 

Permanent 0 2 tank 0.006 

0.100 

4 x 1.38 

Permanent H 2 tank 0.008 

0.124 

4 x 3.329 

Total Mass for Tank Protection and Insulation = 1002 lbm 
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5. RCS SYSTEM 


INTRODUCTION 

The RCS system is designed for three main purposes. The first is the reorienting of the vehicle after 
it leaves LbO or GEO so that the thrusting acceleration will be in the correct direction. The second 
purpose of the RCS is to provide small changes in roll, pitch, and yaw during the aerobraking phase 
to achieve different lifting characteristics. The third duty of the RCS is to provide small 
translational and rotational changes to position the craft for docking. 


5.1 MOMENTS OF INERTIA 

The table below lists the mass and moments of inertia for the ASTV. 


Table 18. Mass and Moments of Inertia 

With Propellant 

Total Mass: 85,083 lbm 

Without Propellant 
34,457 lbm 

Moments of Inertia: 

Ixx 

9,671,275.00 lbm-ft 2 

574,673.80 lbm-ft 2 

lyy 

2,553,844.00 lbm-ft 2 

985,919.10 lbm-ft 2 

Izz 

9,761,294.00 lbm-ft 2 

4,357.40 lbm-ft 2 

Ixy 

-120.80 lbm-ft 2 

-120.80 lbm-ft 2 

Iyz 

29,845.60 lbm-ft 2 

29,845.60 lbm-ft 2 

Ixz 

-140,038.00 lbm-ft 2 

36,974.08 lbm-ft 2 

Center of Gravity Position: 

X 

14.64 ft 

18.83 ft 

Y 

0.00 ft 

0.00 ft 

Z 

5.71 ft 

4.98 ft 


5.2 SIZES 


The dimensions for the two types of thrusters are shown in Table 19 on page 90. These values 
were obtained by using the NOTS program. 
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Table 19. 

RCS Dimensions 



RCS 

EXIT DIA (in) 

THROAT DIA (in) 

LENGTH (in) 

60 lbf 

6.20 

0.390 

9.58 

10 lbf 

2.53 

0.160 

3.91 


5.3 PROPELLANT TYPE 

Liquid hydrogen/liquid oxygen was chosen as the RCS propellant over hydrazine for several rea- 
sons (see Table 20). The most important reason is the integration with the main propulsion system 
which also uses L0 2 /LH 2 . By using the same type of propellant, the RCS can feed off of the main 
tanks thus eliminating the need for separate tanks. 


Table 20. Fuel Type Considerations 


CONSIDERATION 

HYDRAZINE 

lo 2 /lh 2 

Handling Safety 
ISP 

+ 

+ 

Integration with 


+ 

given system 




5.4 LOCA TIONS 

The reaction control system is configured to provide the maximum possible moment arm for each 
thruster. Roll is controlled by RCS groups D and B (see Figure 72 on page 91), Groups D and 
B each have two upward firing 60 lbf rockets, two upward firing 10 lbf rockets, two downward 
firing 60 lbf rockets, two downward firing 10 lbf rockets, and four fore and aft firing 60 lbf rockets 
(see Figure 73 on page 92 and Figure 74 on page 92). The two different types of vertical firing roll 
thrusters are to provide appropriate roll rates (see Table 21 on page 91) depending upon the 
propellant tanks on board. During the aerobraking phase the craft will experience 4,237 ft-lbf 
torque for every 1° of roll. The maximum roll moment which can be attained by using the RCS 
is 1,960 ft-lbf or 0.46 degrees. 

The pitch controls are located at A and C (see Figure 72 on page 91). Each cluster consists of two 
upward firing 60 lbf rockets and two downward firing 60 lbf rockets. Also on this cluster but not 
related to pitch control are four side firing 60 lbf rockets, four side firing 10 lbf rockets, and one 
outward firing 10 lbf rocket (see Figure 73 on page 92 and Figure 74 on page 92). During 
aerobraking the craft will experience 4,508 ft-lbf of torque for every one degree change in pitch. 
The maximum pitch moment available through the RCS is 2,220 ft-lbf of torque which can 
produce a pitch change of 0.49°. 

The yaw controls are also mounted in the front and rear RCS packages. As mentioned earlier the 
packages contain two left firing and two right firing 60 lbf rockets as well as two left firing and two 
right firing 10 lbf rockets (Figure 73 on page 92 and Figure 74 on page 92). The yaw rates for 
different combinations of thrusters and vehicle weights are given for nonaerobraking flight 
(Table 21 on page 91). During the aerobraking phase the craft experiences a yaw restoring force 
of 170 ft-lbf per degree of yaw. The maximum available yaw force from the RCS is 2,590 ft-lbf 
for a total yaw angle of 15.2°. The RCS is set up as a doubly redundant system. For example, only 
two of the four 60 lbf thrusters are need to provide sufficient roll force during aerobraking and free 
flight. Furthermore, all thruster firing is accomplished in pairs to cancel any extraneous moments 
arising from the thruster locations not on the CG axis. The RCS packages can also be retracted 
behind the skirt when not in use (see Figure 75 on page 93). 
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5.5 PROPELLANT REQUIREMENTS 

The amount of propellant required by the reaction control system was determined from the total 
bum time for each size control (60 lbf, 10 lbf). An Isp of 472 sec and an oxidizer to fuel ratio of 
6: 1 was used. The simple relations between these quantities allowed the total propellant mass to 
be found: 

• Isp = F/(mdotxg 0 ) 

• (mdot)oxy = rmdot/(r+ 1) 

• (mdot)fuel =mdot/(r+ 1) 

• mdot(tp) = {(mdot)oxy + (mdot)fuel}tp = m(oxy) +m(fuel) = m(tot) 


The 10 permanent tanks of the ASTV hold all of the propellant (LO 2 /LH 2 ) required for the RCS, 
as well as the propellant necessary for the last bums of the main engines and the propellant reserve. 
This combination yields a total oxidizer mass of 1,750.25 lbm and a total fuel mass of 287.30 lbm. 
These tanks are pressurized with helium gas to eliminate the need for a turbopump system. 

A simplified analysis of this pressure feed system, assuming an adiabatic expansion for the helium 
gas, was performed for the desired tank pressures (P(L0 2 ) = P(LH 2 ) = 500 psi). Due to uncertain- 
ties in heating and cooling effects on tank and pipe walls and liquid propellants, 10% excess 
propellant is carried on board. This same excess is also allowed for the helium gas to account for 
variations in ambient temperature and gas absorption by the propellant. The expansion of the high 
pressure gas may be assumed to proceed slowly due to the short pulse nature of the RCS. Thus 
the helium was assumed to be at a constant temperature of 68“?. From similar calculations and 
experimental results the pressure of the gas was allowed to be seven times that of the propellant 
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tank, with a minimum pressure of 1.3xP(tank)(due to regulator). Due to the difference in oxidizer 
and fuel tank pressures, calculations were made for one helium gas tank that would pressurize the 
entire system of permanent tanks. The responsibility of maintaining correct t ank pressures is taken 
care of by pressure regulators. 


The total mass of helium required is found to be 34.77 lbm for propellant volumes of: 

• oxidizer per tank = 4.919 ft 3 

• fuel per tank = 12.963 ft 3 

These volumes are determined from the masses found earlier and the respective densities of oxidizer 
and fuel. Using the mass of helium required for the limiting pressure of the propellant tanks, the 
necessary gas tank volume was found to be 17.26 ft 3 . In order to reduce weight, two pressure bottle 
was designed with composite tank technology. For the operating pressure of 3,500 psi, two cylin- 
drical tanks 72 in long x 17 in diameter will be used. The gas bottles will have two, axially opposed 
ports and consist of an Aluminum 6061-T6 liner with IM-6 carbon fiber overwrap. This config- 
uration assumes a burst pressure of 7,000 psi. Although the term 'burst' is used, the gas bottle is 
designed to leak before actual rupture would occur. 
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6. GUIDANCE, NAVIGATION AND 
CONTROL 


6.1 REQUIREMENTS 


Important criteria for the guidance and control system of the ASTV include: 

• acquiring long-term celestial references 
. maintaining spacecraft attitude throughout cruise periods 

. reorienting the vehicle to perform maneuvers such as uudcourse correct, on and orbttal m- 

. maintaining control of the spacecraft during periods of occultation of celestial references 

. providing attitude stabilization and thrust impulse control 

Docking and rendezvous capabilities are also important aspects of the guidance system. 


6.2 MAIN COMPONENTS 

The guidance, navigation, mid control (GN&C) ^e^rious^hapter The navigation is performed 

css.-* - - — 7”, 

The actual components consist of “ S^SdS^tira^ ‘of^h^mpS^dtown ita 

all necessary computations to perfomt the 

mission without ground support. , 

RoU attitude is maintained by using a gunballed rta, tmcto H- ^balhng aUows tite smr tracker 
tobeused at varying altitudes by increasing its field of view. dunums 

The vehicle's attitude is mamtam^y ^^^^ 

Orientation measurements are made the cra ft' s angular rates and are part of a feed- 

S^Sfo 8 rS^ «te controller attitude sutbilization. Rate-integrating gyros measure th 

vehicle's angular displacements ^ md the RCS, and 

The control electronics provide an interlace oexween 
switching for power management. 

Them is double redundancy of all components during the manned mrsston. 
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1 Table 22. GN&C Main Equipment 


COMPONENT 
Inertial measurement unit 

Star tracker 
Control electronics 

MASS (lbm) 
42 

17 

45 

FUNCTION 

provide angular displacement and 
linear velocity information, 
provide attitude update 
provide interface to RCS 
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7. POWER SYSTEMS, COMMUNICATIONS 
AND DATA MANAGEMENT 


INTRODUCTION 

The communication subsystem is responsible for transmitting and receiving information. This in- 
formation comes from the GN&C subsystem as well as the other subsystems and sensors located 
throughout the vehicle. This data is collected and processed by the data management system and 
then relayed to the ground, the Space Station, and/or the Space Shuttle. These systems require 
electrical power and it is the responsibility of the electrical power subsystem to provide, control and 
distribute this power. 


7.1 POWER SYSTEMS 


The power system must provide power to all the ASTV subsystems such as guidance, navigation, 
control, communications, data management and processing, propulsion, the crew module, and the 
payload if necessary. These sources include the launch pad via umbilical connections in the Space 
Shuttle, the Space Station while docked, or internal sources during its mission to and from the 
GeoShack. The power system is also responsible for the distribution and control of the power. 

The internal power is provided by two fuel cells, each rated at 4.0 kW. The cells are fueled by liquid 
oxygen and liquid hydrogen drawn from the permanent tanks at a fuel to oxidizer ratio of 8:1. 
LO 2 /LH 2 cells were selected because of their proven performance and reliability. Both cells operate 
simultaneously; however each is capable of carrying the full load in case the other one fails. A third 
fuel cell is added for the manned mission to provide triple redundancy. The two cell configuration 
provides the necessary equipment to accommodate the third fuel cell, thus reducing time and cost 
to upgrade the craft to manned conditions. Also on board are two nickel/hydrogen (Ni/H) batteries 
to provide smoothing during transition between cells. 

Table 23 on page 99 lists the components of the electrical power subsystem and their respective 
quantities and masses for the manned mission. The fuel cell system is listed with its respective parts. 
As it turns out, it is more cost effective to configure the vehicle for unmanned missions with two 
fuel cells and enough hardware to connect a third cell quickly. With the addition of the third fuel 
cell, double the number of valves and add an additional heat exchanger and a set of pumps. This 
brings the system to its required redundancy level for manned missions. 

The distribution and control system provides interfacing with all other vehicle subsystems, switch- 
ing capabilities between internal and external power sources and the wiring network connecting the 
subsystems together. The power distribution units are responsible for relay switching functions 
which control various components of the communications and GN&C subsystems. The power 
transfer unit switches the vehicle power supply from internal to external sources. The wiring net- 
work then links all subsystems together in the onboard computer. The control of all these systems 
is maintained by the onboard computer which will be discussed later in this chapter. 

Table 24 on page 99 lists all major electrical subsystems and their respective power usages (Ref. 
Boeing). Using a 48 hour mission duration (worse case, normal mission time 15 hours) the energy 
usage was computed. From this, the average usage was found to be 3.6 kW which led to the choice 
of a 4.0 kW fuel cell size. 
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Most of the equipment will be mounted in the structure under the mission module. This location 
was chosen since most of the electronic equipment is near the crew module. Locating the fuel cells 
and communications equipment close together reduces the amount of cabling and thus the risk of 
failure. 


Table 23. Electrical Power Subsystem Components(Manned Mission) 


SUBSYSTEM COMPONENT 

QUANTITY 

MASS 

Fuel Cell System 

Fuel Cell 

3 

120.0 

Relief Valve 

8 

0.5 

Solenoid Valve 

4 

0.5 

Disconnects 

2 

0.5 

Accumulator 

2 

3.0 

Pump 

3 

4.0 

Heat Exchanger 

2 

9.0 

Radiator 

1 

52.0 

Coolant Pump 

2 

10.0 

Lines/Fittings 

— 

10.0 

Coolant Plumbing 

— 

10.0 

Coolant 

— 

6.0 

Ni/H Battery 

2 

60.0 

Distribution and Control 

Power Distribution Unit 

2 

40.0 

Energy Control Unit 

1 

31.0 

Power Transfer Unit 

2 

20.0 

Wire Hamess/Cables 

— 

200.0 

TOTAL MASS 


912.0 


Table 24. Power Requirements 




SUBSYSTEM 

POWER 

DURATION 

ENERGY 


(watts) 

(hours) 

(watt-hours) 

Guidance and Navigation 

215 

48.0 

10,320.0 

Communications 

146 

48.0 

7,008.0 

Data Handling 

801 

48.0 

38,448.0 

Instrumentation 




Engine coast 

25 

47.5 

1,187.5 

Engine bum 

50 

0.5 

25.0 

Propulsion 




Engine coast 

30 

47.5 

1,425.0 

Engine bum 

700 

0.5 

350.0 

Crew Module 

1800 

48.0 

86,400.0 

Payload 

200 

48.0 

9,600.0 

Emergency 

100 

48.0 

4,800.0 

Losses (5%) 



7,700.0 

Miscellaneous (5%) 



7,700.0 

TOTAL (watt-hours) 



174,963.5 


7. POWER SYSTEMS, COMMUNICATIONS AND DATA MANAGEMENT 


99 




7.2 COMMUNICA TIONS AND DA TA 
MANAGEMENT 


7.2.1 COMMUNICATIONS 

The communications subsystem is responsible for transmitting and receiving information from the 
ground, Space Station, and/or the Space Shuttle. Also communications with the payload must be 
supported. The information will include video and sound as well as data. 

The communication is achieved by ground systems or space systems. Ground based systems 
communicate directly to the Earth via an Earth-based Antenna System (EAS). This is not the 
p rimar y means of communications due to the large amounts of interferance with the atmosphere. 
Also, high frequencies encounter more interference while low frequencies require larger antennas. 
The space-based system works with antennas based in space, e.g. Space Station, Space Shuttle and 
satellites. To accomplish global and continuous communications, the vehicle will rely on the 
Tracking Data Relay Satellite System (TDRSS). This system utilizes satellites whose positions are 
know as a function of time in order to communicate with the Space Station and Earth no matter 
where it is. 

The frequencies and rates of communication play an important role in determining a communi- 
cations system. The S-band and K-band were investigated. The S-band is capable of receiving/ 
transmitting various combinations of data including video, voice, and telemetered data. This is 
accomplished in two transmit/receive rates, transmit 192 kilobits per second (kbps) and receive 72 
kbps or transmit 64 kbps and receive 32 kbps. 

The K-band, like the S-band, is also capable of transmitting/receiving in two different modes. The 
first transmitts up to 52 megabits per second (Mbps) while the second mode transmitts at a rate 
of 7 Mbps. Reception of data is at 2 Mbps. The K-band has a feature that the S-band does not. 
It can double as a radar tracking unit. While one antenna is being used for communication, the 
other can be used for radar. Moving targets can be tracked to a range of 345 miles while stationary 
targets are tracked to 15 miles. This radar is effective to within 100 feet. K-band communications 
are in the 13,000 to 15,000 MHz range. Due to its versatility and higher volume capabilities, the 
K-band system was chosen. 

The vehicle communicates via two omni antennas, a transponder, a power amplifier, a diplexer, an 
RF switch, and a network of cables. Each o mni antenna provides hemispherical coverage and 
switches between the two automatically depending on the signal strength at each. A second pair 
is added for the manned mission to provide redundancy. The amplifier as well as the transponder 
are configured to operate in the K-band range of 13,000 to 15,000 MHz. 


7.2.2 DATA MANAGEMENT 

Data management is incorporated into the onboard computer system. This system of four (five for 
manned missions) main components is responsible for the acquisition and processing of data ob- 
tained from various sensors on the vehicle, as well as receiving and transmitting pertinent informa- 
tion to and from the Earth, Space Shuttle, and/or the Space Station. 

Each of the main components is called a data management unit (DMU).' Each has its own 
processors that incorporates double redundancy. This is the cost optimum configuration and in- 
cludes all necessary hardware needed to upgrade the entire system to triple redundancy for manned 
missions easily. Cabling to critical areas is also redundant. 

Each DMU is responsible for collecting and formatting data and monitoring a specific area or 
subsystem. Communications and telemetry formatting is the responsibility of DMU #1, while 
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DMU #2 takes care of : the goite.ce, nation tmd ^'^Tcon^l Sd momS ‘oHhe 

ZgSL -<• * — f “ *■ “ 4 

mission only. 

With the addition of the crew mod*. more -" « ^-2SS W«? v^iScW 
interface with the on board compute, .and have access “ w ta the Space 

Shmie ta ^u ^l^storJ^aible optical disks due to their radiation resistance and abdrty 
to store video and audio data without using magnetic tape. 

Table 25 lists the components, quantity, and estimated power requirements 
cations and data management subsystems. 


Table 25. Communications and Data Handling 


COMPONENT 


QUANTITY 


POWER 

(watts) 


MASS 

(lbm) 


Communications 
Transponder 
RF Power Amplifier 
Diplexer 
RF Switch 
Omni Antenna 
Wiring 

I Data Handling 

Data Management Unit #1 
Data Management Unit #2 
Data Management Unit #3 
Data Management Unit #4 
Data Management Unit #5 
Fiber Optics 

Instrumentation 

Propellant Electronics 
Propellant sensors 
Subsystems Monitors 

TOTAL MASS 
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8. DOCKING TO SPACE STATION, 
ASSEMBLY, AND MAINTENANCE 

8.1 DOCKING 

The docking system for the vehicle has three main requirements. The first is to hold the vehicle 
steady in relation to the station. The second is the ability to remove the modules from the craft 
and place them aboard the Space Shuttle, the space station, or another ASTV. The third require- 
ment is that the docking equipment be able to connect an airlock to the crew module. 

The docking system is based around a set of moveable robotic arms at the space station. There 
will be two arms to grasp the vehicle on either side of the engines to hold the craft steady. A third 
overhead arm will be used for extraction of the modules and placement of the airlock. Each arm 
is extendable and can rotate about three axes. The arms will connect with modules, airlock, and 
vehicle via the four point connector shown in Figure 76 on page 104. The four point system allows 
for a moment to be exerted about any axis thereby giving the operator more control in close 
quarters. 


8.2 HANGAR A T SPACE ST A TION 

The facilities at LEO include a hangar at the bottom of the dual keel Space Station. The hangar 
provides protection on five sides with the bottom open. The hangar is 1 15 ft by 148 ft when viewed 
from the open side and will be 98 ft long. This gives ample space for the storage of 2 ASTV's, 
storage tanks, payloads, and ASTV components such as aerobrakes and spare engines. 

The hangar is expected to give shielding from the space environment, including micrometeoroid and 
radiation protection. 


8.3 GENERAL COST ANALYSIS 

The cost life cycle of the entire mission will involve eight general steps. These are identification of 
need, preliminary design, detail design, development, production and construction, support, and 
finally phaseout. 

The first step, identification of need, is the process of determining a solution to some challenge. 
It involves defining objectives and the steps for achieving them. For this project, mission require- 
ments are proposed and refined for the ASTV. 

The preliminary design investigates performance factors, design factors, and effectiveness require- 
ments. All the alternatives are considered and the trade-offs are evaluated. Computational analysis 
and tests are performed based on the research. This leads to an initial concept. Physical models 
help to verify the design. 
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The detailed design involves a component-by-component analysis in which prototypes are bvult and 
evaluated. System logistic support requirements are established. The prototypes are refined until 
these requirements are met. 

The vehicle construction must be of modular design to allow delivery to and assembly in orbit. 
Additional costs will arise from these necessary design modifications. It is projected to take ap- 
proximately four space shuttle missions to deliver all components. 

Further costs include mission support. This will involve providing the propellant, the disposable 
tanks, life support systems, and general maintenance. 

At the end of the service life, the vehicle must be disposed of in a safe andeffective manner. This 
would allow for a more efficient and state of the art vehicle to replace it. The disposal °r phaseout 
stage would involves inserting the craft into an orbit 100 miles above GEO. This would be done 
once all the salvageable systems were retained for further use after testing and repairs have been 

made. 
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SUMMARY 

a higher orbit. These three missions provide a basis for a wide 

variety of other missions. 

The empty craft mass is estimated to be 

consi^of 


IS 


and stainless steel foil. 

The ASTV is configured with two LO./LH, MO 

control. 

Propellant for all but the final impulse is stc 3red 
CG positoning. 
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Appendix A. : FLIGHT PLAN ANALYSIS 

This section describes the Flight Profile for an ASTV mission. The analysis is for the delivery of 
a 20,000 Ibm payload to GEO, and the ASTV returning to LEO with no payload (Mission 2). 
The following chart summarizes the requirements of the flight. 


Event 

Time 

h:m:s 

AV 

ft/s 

Mass 

lbm 

Comments 

ASTV performs 
separation 

00:00:00 

20.0 

94274.3 

ASTV begins separation from Space 
Station. AV is sufficient to protect the 
station from all hazards associated 
with ASTV separation. Impulse ap- 
plied at nodal crossing. 

Coast Period 

00:00:02 


94157.9 

Coast to equator to position for next 
impulse 

ASTV insertion 
into GEO trans- 
fer orbit 

00:45:31 

7938.0 

94157.9 

ASTV begins bum which places it on 
a transfer ellipse arriving at the GEO 
altitude. 


00:55:43 


57654.8 

Impulse to take ASTV to GEO is 
complete, coast to mid-course. 

Mid-course cor- 
rections applied 

03:34:05 


57654.8 

Mid-course corrections performed if 
required by orbital position. Con- 
tinue transfer to GEO altitude. 

Circularize and 
change planes 

06:12:26 

6000.2 

57654.8 

Impulse applied which changes or- 
bital planes and circularizes the orbit 
at GEO. 


06:17:26 


39793.9 

Impulse is complete, coast to dock 
with station at GEO 

Docking Maneu- 
vers 

06:17:26 


39793.9 

Required impulses applied to dock 
with station at GEO. 


GEOSYNCHRONOUS OPERATIONS 

The specific activities and duration of this phase is a variable depending upon the requirements and 
operations associated with the deployment of the payload from the ASTV. During this time, any 
life support systems will be supplied by the station at GEO. The mass of the ASTV is decreased 
by 20,000 lbm as the payload is delivered (current mass of the ASTV is now 19,793.9 lbm). 
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ASTV performs 
separation 


Mid-course cor- 
rections applied 


Release dispos- 
able tanks 


ASTV insertion 
into LEO trans- 
fer orbit 


Circularize at 
LEO 


Docking Maneu- 
vers 


00 : 00:00 


Impulse to take 00:00:01 
ASTV to Phas- 
ing Orbit 


00:01:42 



02:37:13 


05:00:00 


Coast to Atmos- 05:09:27 
phere 

(400,000 ft) 


Exit Atmosphere 05:12:37 


Circularize at 05:56:27 
Phasing Orbit 


05:56:33 



Coast at Phasing 06:07:53 
Orbit 


07:32:28 



07:32:28 


07:32:31 


08:19:14 


08:19:17 


08:19:17 



5894.2 I 19769.4 


13734.7 












13734.7 


12558.1 


12558.1 


12558.1 


1255S.1 


12215.2 


12215.2 


12215.2 


12215.2 


12049.6 


12049.6 


11884.7 


11884.7 


Comments 


ASTV performs separation from 
GEO station. AV is sufficient to the 
station from all hazards associated 
with ASTV separation. Coast to near 
the nodal crossing. 


This impulse takes the ASTV on a 
transfer ellipse to a target perigee of 
52.54 mi., orbital plane is changed 
from 0.0° to 26.3°. 


Impulse is complete coast to mid- 
course corrections. 


Mid-course corrections performed if 
required by orbital position. Once 
applied, coast to atmospheric entry, 


Disposable tanks are jettisoned away 
from the ASTV before it begins the 
aerobraking maneuver. Any fuel left 
in the tanks is discarded. 


ASTV enters atmosphere with y = 
-4.0° and a speed of 33,818.2 ft/s, 
aerodynamic braking and maneuver- 
ing begin. 


Exit atmosphere with y = 4.0° and a 
speed of 26,127.6 ft/s. 


ASTV bums to circularize at a phas- 
ing orbit altitude of 350 mi. 


Impulse is complete, coast at phasing 
altitude 


At this altitude, complete approxi- 
mately one orbit while making any 
necessary corrections after atmo- 
spheric flight. 


Orbit at phasing altitude is complete, 
prepare to tranrfer to LEO. 


Impulse takes the ASTV along a 
transfer ellipse arriving at LEO, ap- 
plied at the proper time to meet space 
station at LEO. 


Impulse is complete, coast to LEO. 


Circularize orbit at LEO, prepare to 
dock with the space station. 


Impulse is complete. 


Required impulses applied to dock 
with space station. 
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